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There is increasing interest from space agencies and organisations of all levels at 

undertaking interplanetary exploration using micro- and nano-spacecraft.  The mission 

ideas are as varied as the spacecraft designs themselves, ranging from technology 

demonstration to ambitious planetary entry and even sample return missions.  To reduce 

reliance on bespoke designs with their inherent development risk, we present the Multi 

Mission Micro Entry Capsule which aims to provide a highly modular platform for 

interplanetary missions in the sun-distance range between Venus and Mars. This concept 

utilizes common microsatellite subsystem elements which can be selected to support missions 

which require a significant amount of atmospheric transit time, such as entry, re-entry, 

aero-braking or atmospheric sampling. This would enable mission planners to focus on the 

payload and mission design aspects, rather than development of the entire system each time 

such a mission is conceived, thereby fast tracking implementation.  The paper shows that in 

spite of the wide range of thermal environments, such a modular concept appears feasible 

and worthy of further investigation. 

Nomenclature 

AOCS = Attitude & Orbit Control Subsystem 

COTS = Commercial Off-the-Shelf 

DSN = Deep Space Network 

EPS = Electrical Power Subsystem 

JAXA = Japan Aerospace Exploration Agency 

LEO =  Low Earth Orbit 

LWR = Leeward Radiator 

M3EC = Multi Mission Micro Entry Capsule 

MERS = Microgravity Experiment Recoverable Satellite 

MLI = Multi Layer Insulation 

TPS = Thermal Protection Subsystem 

I. Introduction 

HIS paper describes our attempt to conceive a system with a high degree of modularity to serve as the basis for 

undertaking lower cost deep space missions using small spacecraft.  In many ways these two objectives may 

appear contradictory: deep space missions generally have very different needs from one mission to the next, with 

typically unique payloads and unique or highly tailored mission requirements.  This is the nature of deep space 

exploration.  However, it brings with it the well-known high mission costs and long system development times.  We 

are interested in examining to what degree a modular system can be designed which will serve as a substantial 

building block from which to begin each bespoke, deep space mission design.  For example, by accepting some loss 

of flexibility, and perhaps scope, in each individual mission design, can one obtain an increase in the flexibility of 

exploration mission selection at programme level through reduced development costs and durations and therefore, 

ideally, more missions?  And of specific interest to this paper is whether or not a wide range of thermal 

environments can be accommodated by such a modular concept. 
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II. Background and Mission Premise 

Some broad constraints on the range of missions for which the modular concept shall be designed are required, 

in order to give a realistic chance of achieving the objective stated in the Introduction. 

Deep space missions are extremely varied in their objectives – and hence designs – but as Mars Express and 

Venus Express demonstrated on a somewhat larger scale, it was possible to send two highly similar platform designs 

to planets which were essentially complete opposites in terms of their thermal environments.  Our primary aim is to 

establish a modular basis for small spacecraft to explore planetary environments in which the atmosphere plays a 

strong role.  In other words, an aerodynamic shape is a benefit to the spacecraft. The reason for this is that Venus is 

a planet of great scientific interest and the findings of the VEXAG group
1
,  make it clear that atmospheric sampling 

and penetrating missions would give access to much of the data required to better understand that planet’s 

atmosphere and the mechanisms of the run-away greenhouse effect which exists.  This is reflected in the wider 

scientific community (eg Ref. 2 and Ref. 3).  We acknowledge that this makes the concept highly specialized, since 

the majority of planetary missions do not require aerodynamic considerations or a heat shield, but those which do 

present significantly greater thermal design challenges and hence our initial focus in this paper.  A secondary goal 

would be to use this concept for missions in which aerodynamics plays no role – in other words, the majority of 

missions.  In these cases, the internal modular core would be just as useful and would be contained within a different 

external envelope, such as the more traditional box-shaped spacecraft.  In addition, it is likely that the missions 

which could exploit this concept would be pathfinder missions for large missions, demonstrating technology, 

obtaining preliminary, lower resolution data for a new kind of payload and so on. 

In order to limit the problem space to one in which leaves a finite chance of success (small spacecraft still suffer 

from some extreme challenges in venturing beyond LEO), we have imposed the following initial constraints: 

1. Sun distance range is limited from around 0.7AU to 1.7AU (this allows for missions from Venus, to 

Mars). 

2. Mass is limited to 50kg, because to our current knowledge, this is compatible with opportunities for 

launch as a secondary payload into an orbit from which Earth escape is feasible (eg Epsilon via JAXA, 

Falcon 9 via Spaceflight Inc.) 

3. Physical size is limited to approximately 50 x 50 x 50 cm, for the same reason as in point 2. 

4. Power is limited to a maximum of 99W. This is compatible with present COTS systems (eg that in Ref. 4) 

and allows a degree of modularity and tailoring.  Placing a limit enables the remaining EPS elements to 

be fixed and their physical volume scoped. 

5. Communications – for a microsatellite, modest data volumes must be accepted, even with the long daily 

contact times of deep space missions.  The power limitations have driven us to baseline an emerging 

technology for a Ka band system for cube satellites (see Ref. 5), as its power and size are compatible 

with our concept.  

6. An aerodynamic shape, enhancing stability in orbit and reducing the workload on the attitude control 

subsystem. 

7. A heat shield to enable entry, partial entry, aerocapture and aerobraking.  Its mass, density and design will 

be strongly mission dependent 

8. Propulsion: electric propulsion is baselined for orbital transfer and attitude control and manoeuvring, 

since it is the only realistic option which is compatible with the volumetric, mass and power constraints 

of a microsatellite.  An example candidate is described in Ref. 6. This, however, implies the need for 

transfer strategies which do not rely on large, impulsive manoeuvres, such as that presented in Ref. 7. 

For large, impulsive manoeuvres, solid propulsion is being explored (see Ref. 8). 

 

Note Point 5 warrants further discussion: for example, at this blue sky stage, we assume that agency support for 

these kinds of mission would enable access to communications infrastructure such as the DSN.  It is an initial 

assumption that has been made in order to bound the problem. 

As can be seen from the above, we start by trying to scope the system; however, the main focus of this paper is 

to examine the highly different thermal challenges which will be faced by each mission in this design space and to 

investigate whether the thermal aspects will make our stated objective impossible, or whether a core, modular 

concept can be conceived to use as a starting point for all these varied missions. 

At this point it is worth making an aside to mention that the usual design process in such deep space missions is 

to focus on only a very small number of highly specific alternatives to achieve the mission objectives.  While this is 

understandable, given the highly challenging nature of the missions and the usual budget constraints, under such 

circumstances the design space is not widely explored. It is strongly recommended that an approach such as set-
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based concurrent engineering be employed with the M3EC concept to maximize return from the missions. We are 

not proposing that the system design process be slowed down by widening this early concept exploration process; 

rather, we seek to find a solution which allows a lot of the design which could be repetitive to be fast-tracked via 

adoption of the modular concept, so that more time can be spent investigating and optimizing the mission-specific 

aspects, such as the payload and thermal designs.  That part of the mission analysis would establish the need for an 

aerodynamic shape or not, as driven by the specific science requirements, but this need not preclude taking benefit 

of a significant maount of modularity.  It is recognized that there will arise conflicts between adopting modularity 

and loss of some onboard resources for the science objectives (e.g. mass, power or volume); however, it is also 

conceivable that there will be occasions when the ability to seize a short-term opportunity could outweigh holding 

firm to the maximum scientific return. 

The range of sun distances in Point 1 above is the result of 3 main considerations: (1) the presence of 3 planets 

with atmospheres (2) a minimum data rate which would be useful and (3) a minimum power generation capability. 

 

Table 1 lists some of the types of missions which might be undertaken using the Multi Mission Micro Entry 

Capsule. 

Planet (Destination) Mission Scenario 

Venus Atmospheric sampling / profiling during repeated aerobraking manoeuvres.  No return 

of vehicle to Earth. 

Venus Deep dive for one-off exploration of lower atmosphere. 

Earth Full re-entry with (a) retrieved samples from another atmosphere (b) return of 

biological experiments exposed to deep space environment (c) retrieved cosmic dust 

particles (d) sample return as part of a larger mission, where the micro capsule 

provides an active Earth Return Capsule. See, for example Ref. 9 and Ref. 10. 

Mars Atmospheric sampling via aerobraking. No return of vehicle to Earth. 

III. System Concept 

The baseline architecture for the M3EC may be viewed as the cubesat concept re-invented by thermal engineers 

– use of COTS equipment of the cubesat class has been considered, but the physical configuration of this equipment 

is such that operation in environments more demanding than the typical cubesat in LEO scenario is possible.  In 

particular, the cube satellite design has not been conceived with thermal issues in mind (for example, the multiply 

stacked edge-mounted PCBs arrangement does not allow any significant dissipation to be conducted away from the 

sources).  It is in these respects that the M3EC concept will deviate from the cube satellite architecture. 

A further point to clarify is that the modularity does not necessarily imply the use of physically identical 

equipment from mission to mission, but that the equipment selected can be selected in multiples.  For example, a 

subset of the EPS boards of the Venus version may be used for a lower power Mars mission, but the architecture is 

such that each spacecraft carries a different number of modules of the same type, but laid out in the same way.  This 

strategy is possible when using COTS equipment designed for cube satellites and small microsatellites. 

The M3EC modular spacecraft currently has a 4U volume for payload accommodation which can be pressurized 

and an octagonal volume 30 x 30 x 10cm for the platform equipment.  This ensures that the entire spacecraft capsule 

fits within the 50x50x50cm launch volume. 

A. Power 

As mentioned above, the power subsystem is designed to provide up to 99W using an EPS which is currently 

commercially available.  Ideally, the solar generator would be integrated into the heat shield, as per the MERS 

satellite design presented in Ref. 9 and Ref. 10, but it is recognized that for a mission to Mars, the required cell area 

would force the use of deployed panels.  Given the lower solar flux and less sense atmosphere at Mars compared 

with Venus, the aerodynamic heating of such solar panels is not likely to be an in issue thermally.  They do, 

however, add to the complexity of the control for the aerodynamic manoeuvres. 

B. Communications 

It is not the main purpose of this paper to analyse the communications subsystem, but it can be stated that S and 

X are not really viable for the distances considered (for a microsatellite, anyway – see, for example, Ref. 11).  It is 

just necessary to adopt a baseline which will likely work. The Ka band system described in Ref. 5 would be 

compatible with the mass, volume and power available and provide a usable data rate at up to 1.2AU distance.  From 

that point onwards, the strategy might be to cease direct transmission to Earth and use a relay satellite already in 
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Mars orbit. This conclusion is based on a very preliminary assessment which showed that 20W transmit power 

would give a usable data rate and link margin at this distance (noting that 20W transmit power would require around 

40W from the system).  This would leave enough power to run up to 2 electric thrusters, power heaters for the 

thermal control subsystem and payload and other ancillary equipment (especially since communications would be 

intermittent). 

C. Payload 

A pressurised compartment is provided for the payload, which would allow processing of atmospheric samples, 

for example in the case of Mars or Venus missions, or return to Earth of biological samples in the case of a LEO 

microgravity mission or one in which material has been subjected to the cis-Lunar environment).  A power of 15W 

is allocated to the payloads.  This is deemed adequate for a wide variety of instruments, from cameras, convention al 

spectrometers, heterodyne absorption spectrometers and sampling devices). 

 
Figure 1. The pressurized payload compartment concept for the M3EC 

D. Attitude Control Subsystem 

A suite of sensors and actuators which would enable a variety of missions can be accommodated with the 

volume, mass and power budgets already mentioned.  Table 2 lists a selection of COTS items which could be used 

for the M3EC and has been considered in the sizing of the subsystems for this first analysis of the concept.  The 

specific mission will, of course, have different requirements on the AOCS, with those for an Earth re-entry mission 

being the most demanding, owing to the stringent safety requirements on achieving an acceptable accuracy of 

landing location. 

E. Data Management 

Cube satellite type computing power would most likely be adequate for the demands of these missions and their 

payloads, with the obvious disclaimer that significant additional shielding for radiation must be allocated to the mass 

budget.  See Table 2 for example equipment. 

F. Propulsion 

 The delta-V’s involved are large for these missions and this generally points to an electric propulsion system.  

However, these can carry a large thermal penalty of significant waste heat generation.  Such systems would be used 

in a staggered approach.  For example in a microsatellite mission to Venus, as the solar intensity increases during the 

transfer phase, thereby allowing more power to be generated and additional thrusters to be turned on.  This is 

another advantage of a modularized approach.  

 A large thrust system would be required for LEO and Earth re-entry (to ensure a safe and controlled re-entry) or 

for planetary capture manoeuvres.  Alternatively, electric propulsion would be sufficient for the Venus capture 

scenario described in Ref. 7 which uses the Lagrange points at the Earth and Venus.  It would cover attitude control 

as well.  Up to 80W of power might be sufficient to run 4 electric thrusters producing around 1 mN each; the 

propellant mass would allow adequate scope for other subsystems, which would not be the case were a high thrust 

system to be used.  Another potentially suitable option, the cubesat ambipolar thruster, is described in Ref. 12. 

The choice of propulsion system and the required delta-V are also strongly linked to the type of launch which can be 

obtained. 
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Table 2. An example selection of COTS equipment that could be used for the M3EC concept 

Subsystem Element Example Item Mass (kg) Power (W) 
Size 

(cm or m²) 

Number 

used 

EPS 
     

Power Conditioning 3G Flex EPS 0,15 99 9x9x1.5 1 

Battery NanoPower P31US 0,3 30 to... 9.6x9x3.6 4 

 
Smallsat Power 1,5 ... 300 30x15x7 0 

Solar Array 

 

 

Venus 0,33 100 0,166 

1 Earth 0,68 100 0,338 

Mars 1,86 100 0,932 

AOCS 
     

Sensors MAI Star Sextant 0,091 1 3x3x4 3 

 
Nanossoc sun sensor 0,0065 0 4x1.4x0.6 3 

Actuators CubeWheel Large 0,2 0,18 5.7x5.7.3.2 3 

 
Micro RW 

    
I/F board MAI-400 0,047 0,3 8.8x8.6x0.09 0 

Data Handling Cube Computer 0,1 0,3 9x9x3 2 

Payload Interface Module 
 

0,15 
  

1 

      
Communications ISIS S band Tx 0,062 3,5 9x9x1.5 2 

 
JPL KaPDA 1,5 

  
1 

Structure 
 

10 0 
 

1 

G. Structure & Physical Configuration 

An octagonal volume has been selected in order to maximize use of the volume within the aeroshell-shaped 

spacecraft.  Figure 2 shows this is plan form, while Figure 3 shows a 3D view of how the M3EC might look. 

 

 

14cm

7.5 cm

MAX TPS thickness

Typical micro-reaction 
wheel volumes

Volume of typical 
cube- and µsat 

equipment

 
Figure 2. Cross-section of the M3EC showing likely layout of COTS equipment (volumes shown are 

representative of currently available equipment) 

 

The main requirements of the structure are to support the spacecraft and its equipment through launch and to 

maintain the heat shield integrity under the aerothermodynamic loads to which it will be subjected during the 

scientific part of its mission.  An aluminium structure will be compatible with the various mission scenarios (as 

demonstrated later by the thermal analysis).  At this conceptual stage, the mass allocated to the structure is simply 

20% of the launch mass.  Regardless of the particular mission configuration (eg heavy or light heat shield, additional 

solar arrays, more or less propellant), the structure would be designed for a 50kg launch mass.  While this will lose 
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some optimization of mass usage, it enables the objectives of reducing mission development time and cost by 

enabling a standard structure to be designed. 

The arrangement of cubesat type boards and equipment parallel to the structural walls fits in with available 

volume, as shown in Figure 2 

 
Figure 3. Exploded view of the M3EC internal configuation (key thermal elements are labelled in red). 

H. Thermal Control 

The thermal control strategy is to provide a simple, passive balance between the external fluxes, the internal 

dissipation and the insulating effect of the capsule structure.  Electrical heating would make up the shortfall in the 

internal heat in mission cases which required it.  A single radiator is provided at the leeward surface and this is 

coupled to the internal platform structure and payload module.  With the expectation that the dissipations will 

generally be quite low, except for the losses from electric propulsion and the RF system, this approach is expected to 

be adequate, but must be confirmed by more detailed analysis.  The addition of thermal straps is possible, too. 

The dominating feature of these M3EC capsule designs is the heat shield.  While it encloses the common core of 

the spacecraft, its design varies between the missions at Venus, Earth and Mars as the combined effect of the 

environmental thermal loads changes.  The factors which change are the atmospheric density profiles around each 

planet, affecting the aerothermodynamic loads on the exterior of the heat shield, the direct solar flux and the 

planetary albedo and infra-red fluxes.  These last fluxes can be very significant in orbit around Venus, but almost 

negligible when in orbit about Mars.  Furthermore, the missions flying in the upper atmospheres of Venus and Mars 

– as will be seen later – do not experience very significant aerodynamic heating, whereas a mission attempting a full 

re-entry into the Earth’s atmosphere experiences aerodynamic heating which dwarfs the solar and planetary fluxes.  

A qualification to this statement is that in the case of Venus, the aerodynamic heating can be kept low by remaining 

above approximately 120km altitude.  This limits the utility of the mission to measuring the concentrations of noble 

gases in the higher portions of the atmosphere, or determining the radiative balance in the atmosphere, which can be 

performed up to 140km altitude (Ref. 1), this latter metric being important to understanding how solar energy is 

absorbed and re-radiated from the clouds.  Were a deep-dive mission planned (for example, there are several key 

processes to be studied around 70km altitude), then a heavier heat shield would be required with a corresponding 

loss of payload mass fraction.  In addition, such a mission would provide only a single pass for measurement and a 

very challenging scenario for data transmission, whereas by keeping the perigee sufficiently high, multiple passes of 

the planet are possible and this is the motivation for choosing more of an aerobraking type mission. 

These environmental factors drive the design of the heat shield, in terms of the choice of material and its density 

which would be selected.  The shape of the heat shield may be varied as required by the aerodynamic aspects, but 

the modular concept can still be achieved through selection of appropriate shield properties to meet the thermal 

Rear Radiator 

(LWR) 
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requirements of the mission.  For example, heat shields for all of the missions could be manufactured from a light-

weight ablator material such as “LATS” (see Ref. 13) since this can be manufactured to densities ranging between 

300 kg/m
3
 to 1500 kg/m

3
.  A thin, low density shield of this material would be sufficient for Venus atmosphere 

sampling missions, where the altitude was such that the density was low and the aerodynamic loads were very small.  

In this case, the ablating property of the heat shield material is unnecessary, but its low conductivity and low density 

still make it an attractive barrier to the high solar and albedo fluxes.  Alternatively, the heat shield for such a mission 

could be made from a thin metallic shell (eg titanium or even aluminium); however, this would likely be heavier and 

require substantial additional insulation behind it (eg MLI).  Thus, use of the light-weight ablator in these cases is 

not necessarily a poor choice.  The same shield could then be manufactured with a denser variant of the light-weight 

ablator for a full Earth re-entry mission, resulting in a much heavier heat shield and lower payload mass fraction, but 

an effective re-use of the overall spacecraft design in terms of configuration and core functionality.  The suitability 

of the “LATS” at these dynamic pressures would need to be further assessed because the arc tunnel testing which 

has been carried out at flight-representative heat fluxes has not simultaneously achieved flight-representative 

pressures. Probably the most significant configurational aspect of the heat shield which could be changed in order to 

optimize a specific mission would be to leave the back of the heat shield open to radiate to space and thus reduce the 

internal temperature of the M3EC module, since it would most likely only be in the Earth re-entry case that a 

completely enclosed heat shield would be essential.  However, to re-iterate, we are attempting to facilitate and speed 

up the design process, rather than necessarily achieve the ideal thermal design in each case.  Table 3 lists a number 

of design possibilities for fully-enclosing heat shields which, the data for which has been used in the preliminary 

thermal analysis.  These include a single thickness, low density ablator heat shield, more dense or varying density 

ablator heat shields and metallic heat shields made of titanium or aluminum spray-coated with aerogel.  Suitable 

margins must be applied to the heat shield mass to account for the lack of maturity in the aerothermodynamic 

analysis, knowledge of the atmospheric uncertainties, the material performance in the actual environment, the need 

for cut-outs or equipment ports in the heat shield and the details of the means of mechanical attachment of the heat 

shield to the module. 

Finally, it is worth mentioning that the design of the leeward radiator for Earth re-entry is probably the most 

complex, in that the leeward side must maintain structural integrity during re-entry while also providing a high 

resistance to the thermal load, but prior to this, good thermal coupling is required.  Thus, a significant reduction in 

the conduction of the radiator mounting pylons is required prior to re-entry (eg via Frangibolts) and potentially on-

orbit, some small tailoring of the conductive path by including a phase change material in the path might be 

necessary
14

.  For the other mission scenarios, a non-changing, fixed conductance mounting would be used. 

 

Table 3. A selection of potential heat shield designs for different M3EC missions 

Heat Shield Type / Application Heat Shield Construction 

Mass 

(kg) 

Venus Upper Atmosphere LATS: 300g/cm³ 1,3 

Venus Lower Atmosphere LATS: 1600 and 750g/cm³ 3,7 

Earth re-entry (Lunar return) LATS: 1600 and 750g/cm³ 12,8 

Earth re-entry (LEO return) LATS: 1600 and 500g/cm³ 8,8 

Mars Upper Atmosphere LATS: 300g/cm³ 1,3 

Mars Entry LATS: 1000 and 300g/cm³ 7,5 

Aerogel-coated Aluminium 1.6mm thick Al 2,5 

Titanium, 2mm thick 2mm thick 4,9 

 

In Figure 3, the thermal aspects which would vary are those labelled in red: TPS/Heat shield thickness and 

material type and density; the effective emittance and need for the internal insulation; the conductivity of the 

mounting pylons of the rear radiator shown in Figure 4; and whether the module should be fully enclosed behind 

front heat shield – an open shell design might be preferable when the planetary fluxes dominate the aerodynamic 

ones, although this will make the module susceptible to those same fluxes on the radiator side as it goes around the 

orbit.  In some cases, the design will benefit from MLI behind the front shell TPS, since without the effect of 

ablation, the conductivity of the material is actually not that low, considering the intensity of the environmental 

fluxes in Venus orbit. 
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IV. Thermal Design Philosophy 

The aerodynamic heat shield will likely be made from a highly insulating material (the ablator, LATS, for 

example) and this provides automatic insulation against high thermal fluxes, or insulation in the cold cases.  

Consequently, the use of additional insulation, such as MLI or foam, will most likely be limited to enhancing the 

insulating effect of the shield material, except in the case of an open back shell shield design.  The main – and 

ideally, the only – radiator would be the one on the “leeward” side (the LWR), coupled conductively to the central 

structure members, as shown in Figures 3 and 4.  

The packing arrangement of the COTS equipment and boards will be parallel to structural walls (instead of 

perpendicular as in the case of cube satellites) to achieve better thermal control.  This is the fundamental difference 

with the cubesat packing concept, thermally. The location of the platform compartment relative to the radiator is 

reasonable, but the thermal path between the LWR and the payload module (see Figure 2) is less ideal and may 

require refinement, depending upon each mission. 

Note that the TPS / heat shield performs both a thermal and an aerodynamic function in these missions.  The 

aerodynamic shape leads to reduced disturbance forces for the attitude control subsystem and this allows smaller, 

less capable equipment to be used (for example, reaction wheels typically sized for cube satellite masses or small 

micro reaction wheels and electric thrusters to contribute to attitude trimming during operational orbits). 

For the Earth re-entry missions, the thermal requirements dominate and the control forces required will generally 

be too large for electric propulsion to be useful.  The MERS capsule, for example, is a specialized case of the M3EC 

concept, where higher thrust propulsion and a heavier heat shield would be needed.  This is still compatible with the 

modular concept – it simply results in a lower payload mass fraction than might be achievable for a mission when a 

much lighter TPS suffices. 

 
Figure 4.  Internal layout of the platform compartment of the M3EC. 

 

The figure above shows how the internal, dissipating equipment is mounted on the octagonal structure in a way 

which is conventional for larger spacecraft, but not practiced in cube satellites. 

V. Thermal Analysis Cases 

A number of preliminary thermal analyses are now presented for the cases listed in Table 4.  In order to cover 

the environmental extremes set for the M3EC concept, orbits about Mars and Venus have been examined.  These are 

designated Orbit 1 and Orbit 2, where the periapsis for both is 150 km altitude above the planet (Venus or Mars) and 

the apoapsis is 2000 km or 10,000 km, respectively.  The special case of Earth re-entry performed by the MERS 

spacecraft is covered in Ref. 14. 

Figure 5 shows the geometrical mathematical model used for the initial thermal analysis presented here.  Note 

that the internal configuration is not yet fully representative of the likely internal M3EC layout, but representative 

values for the equipment sizes, optical properties, conductive links and power dissipations have been modelled.  The 

waste heat dissipations from the candidate electrical propulsion systems
6, 12

 and the communications system
5
 have 

been simulated in the hot case of the Venus orbit in Case (see Table 4).  Detailed duty cycles have not been 

implemented at this stage, as we are still assessing the top-level viability of the concept. 

Conduction to LWR 

Dissipating 

equipment mounted 

to aluminium 

structure 
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Figure 5. The geometrical part of the thermal model used for the preliminary analysis of the M³EC 

 

 

Table 4.  A summary of the thermal cases which have been analysed for the M3EC concept 

# Thermal Case Rationale 

1 A 150 x 2000 km orbit 

about Venus at 

perihelion 

3cm thick LATS heat shield all around 

7W internal dissipation 

Examine M3EC hot case 

2 A 150 x 2000 km orbit 

about Venus at 

perihelion 

Multi-thickness LATS heat shield all around (3cm front, 1cm sides, 0.5cm LWR) 

7W internal dissipation 

Examine heat shield optimized for mass 

3 A 150 x 10000 km orbit 

about Venus at 

perihelion 

Multi-thickness LATS heat shield all around (3cm front, 1cm sides, 0.5cm LWR) 

7W internal dissipation 

Examine potential effect of spending more time away from the planet 

4 A 150 x 2000 km orbit 

about Venus at 

perihelion 

Multi-thickness LATS heat shield all around (3cm front, 1cm sides, 0.5cm LWR) 

7W internal dissipation 

Aerodynamic heat load added for perigee portion of orbit 

Confirm aerodynamic effects negligible at this altitude 

5 A 150 x 10000 km orbit 

about Venus at 

perihelion 

Titanium heat shield all around (0.2cm all around + LWR) 

7W internal dissipation 

Aerodynamic heat load added for perigee portion of orbit 

Examine an all-metal heat shield 

6 A 150 x 2000 km orbit 

about Mars at apogee 

Multi-thickness LATS heat shield all around (3cm front, 1cm sides, 0.5cm LWR) 

7W internal dissipation 

Examine M3EC cold case 

7 A 150 x 10000 km orbit 

about Venus at 

perihelion 

Multi-thickness LATS heat shield all around (3cm front, 1cm sides, 0.5cm LWR) 

LATS conductivity increased; 7W internal dissipation 

Aerodynamic heat load added for perigee portion of orbit 

Internal MLI added to the front part of the heat shield; LWR α/ reduced 

Examine means of reducing internal heat load from external fluxes on the heat 

shield 

8 A 150 x 10000 km orbit 

about Venus at 

perihelion 

Multi-thickness LATS heat shield all around (3cm front, 1cm sides, 0.5cm LWR) 

67W internal dissipation 

Aerodynamic heat load added for perigee portion of orbit 

Examine ability to accommodate waste heat from electric propulsion and RF 

transmission 

 

The following method was used to provide a first-order approximation to the aerothermodynamic heating load 

which could be expected in the Venus orbits modelled.  Trajectory data was examined for two re-entry missions, 

namely Haybusa
14

 and Stardust
15.

  The altitude at which the peak heating rate was experienced in these cases was 

obtained (eg at 55 km for Hayabusa).  Then, the density of the atmosphere on Venus was obtained for the 150 km 
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periapsis point of the orbits to be modelled and then the Hayabusa and Stardust heating rates were scaled in 

proportion to the ratio of the densities (the 1976 US standard atmosphere was used for Earth).  It must be 

acknowledged that the Venus Express atmospheric density data was used and this relates to the poles; however, the 

atmosphere of Venus is quite uniform and so this data has been used in this instance.  As will be seen, the 

approximated heating rate is very low, so a small inaccuracy in the density will not have a strong effect on the 

thermal analysis.  The method described above led to an estimate of approximately 0.2W/m² for the aerodynamic 

heating load on the exterior of the heat shield as the M3EC passes through periapsis when in orbit around Venus. 

 

VI. Anaylsis Results and Discussion 

 

The thermal analysis cases listed in Table 4 have been carried out.  The orbit for the hot case was selected to 

have the Local Time of the Ascending Node at the sub-solar point when Venus is at perihelion.  Similarly, the cold 

case was selected to occur at the apohelion position of Mars.  Figure 6 shows the M3EC in Orbits 1 and 2 in the 

ESATAN-TMS thermal analysis software. 

                 
Figure 6. Orbits 1 (left) and 2 (right) about Venus: 150 x 2000 km & 150 x 10,000 km  

 

 
  (a)                (b)      

Figure 7. Hot cases at Venus: (a) Cases 1 and 2 compared – partial optimization of heat shield thickness; (b)   

Cases 2 and 3 compared – different orbit semi-major axes. “Exp Comp 1” = experiment compartment 1; 

“LWR” = internal temperature of the leeward radiator. 
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  (a)                (b)      

Figure 8. Hot cases at Venus: (a) Cases 3 and 4 compared – the effect of aerodynamic heating; (b) Cases 4 and 

5 compared – the light-weight ablator heat shield of varying thickness versus a uniform titanium heat shield.  

“Exp Comp 1” = experiment compartment 1; “LWR” = internal temperature of the leeward radiator. 

 

  
  (a)                (b)      

Figure 9. (a) Comparing the M3EC temperatures (with a light-weight ablator heat shield) in Mars and Venus 

orbits – Cases 2, 3 and 6.  (b) Comparing different internal heat loads at Venus and the effect of adding 

internal MLI behind the front of the heat shield, as well as modifying the LWR optical properties to those of 

mirrors or silverized Teflon.  “Exp Comp 1” = experiment compartment 1; “LWR” = internal temperature of 

the leeward radiator. 

 

The plots of the temperature of a representative LWR node and of a single experiment module in Figures 7 to 9 

demonstrate that while minimal attempt has been made to optimise the design thermally, the levels are such that 

standard thermal design techniques should be sufficient to bring all components to reasonable temperatures, whether 

in orbit about Mars or Venus, whether using an ablator heat shield or a metallic one and whether or not an electric 

propulsion system is thrusting or communications are taking place.  Figure 9(a) shows that simply adding some 

moderate MLI behind the front portion of the heat shield, the temperatures of the interior can be reduced by 10°C.  

The same figure also shows that with the electric propulsion on and transmission occurring (currently simulated by 

the addition of 60W dissipation for the entire orbit), the temperatures are a little high.  However, by implementing 

further thermal design techniques and modifying the duty cycle for these operations, it should be relatively straight-

forward to reduce the temperatures significantly.  Figures 7 and 8 tend to indicate that the type of shield has only a 

small impact on the internal temperatures, and that the design of the interior of the M3EC requires further work in 

order to achieve internal couplings which make better use of the radiator.  Hand in hand with this, Figure 9(b) shows 

that the interior can be kept cooler in the hot, Venus case, by judicious application of internal MLI.  Finally, it 

should be noted that the conductivity of LATS is currently being measured and updated: the value used for Cases 7 

and 8 is 1W/mK, based on recent information, whereas for Cases 1 to 6, the value of 0.15W/mK previously provided 

by the manufacturer was used. 
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VII. Conclusions 

Based upon the thermal analysis presented here, it seems that this modular, multi mission micro spacecraft 

concept shows promise.  The main objective of this study was to see if the challenging, wide range of thermal 

environments would prevent the possibility of designing such a spacecraft concept.  The answer is that by using 

reasonably standard thermal design techniques, such a multi mission spacecraft could be produced.  More detailed 

analysis should confirm this further. 

The intention of this work was not to address the non-thermal issues.  However, it is important to recognize that 

while the outcome of this study appears positive from the thermal aspect, there are two much stronger drivers of the 

viability of undertaking any of these types of mission.  These are the propulsion and communications aspects.  For 

the types of missions which might be considered for the M3EC, delta-V’s in the range from 1500 m/s to 8300 m/s 

could be required.  To leave a useful mass fraction after the necessary propellant is accounted for will require 

successful development of some of the candidate propulsion systems mentioned in the paper.  Depending upon the 

selection, the specific impulse may vary by a factor of 3, with a corresponding impact on the propellant mass.  

Figure 10 shows the likely payload mass fraction for two such propulsion systems 

In some cases, the mass fraction of the TPS will become significant; for those analysed in this paper, it has not 

been.  However, Figure 11 shows the TPS mass fraction for the same range of mission scenarios and two types of 

propulsion system.  Note that the heat shield design for each mission scenario corresponds to those in Table 3. 

  
Figure 10. Payload mass fractions for different mission scenarios with moderate and high specific impulse 

propulsion systems (note negative mass fraction for the Venus lower atmosphere case) 

 

From Figure 10, it can be seen that with a more moderate (and achievable?) electric propulsion system, the 

payload mass fraction of missions to Venus becomes very low and unattractive and this is driven most strongly by 

the propellant mass fraction, rather than the thermal mass fraction.  Figure 11 demonstrates this: although the TPS 

constitutes a significant fraction of the total mass, it is still dominated by the propellant mass.   

 

  
Figure 11. TPS mass fractions for different mission scenarios with moderate and high specific impulse 

propulsion systems.  The TPS designs correspond to those in Table 3. 
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At this point in the evolution of the concept, it would be prudent to discuss the design with potential mission 

Principle Investigators, in order to understand likely requirements in greater detail and thereby, to assess the utility 

of the M3EC system. 

In conclusion, the thermal subsystem does not prevent the proposed modular multi mission concept from 

working; the viability of such missions is, rather, dependent upon the propulsion and communications technologies.  

Thus, in principle, a suitably modular thermal subsystem could be designed for such a multi mission concept. 
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