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In previous years, several high-power micro-satellites below ~100 kg were developed for 
high-functional spacecraft. This report proposes a functional and high-power thermal 
control system with no power supply and a simple configuration for micro-satellite: 100W, 
3U. The proposed system consists of a heat storage panel (HSP) with pitch type CFRP, a 
micro loop heat pipe (m-LHP) and a flexible deployable radiator as an active thermal 
control system. The aim of the proposed satellite is to try not only to verify the thermal 
control devices, but also to perform a water phase change experiment as a payload using an 
electric power generation of 100 W in space environment. In this paper, the basic design of 
the satellite, the analysis of the feasibility by the thermal mathematical model, and the 
fabrication of thermal test model are reported. Furthermore, the verification of the 
functional thermal control system with HSP, m-LHP and the flexible deployable radiator 
was confirmed by the space environment testing.  

 
 

Nomenclature 
CFRP  = Carbon Fiber Reinforced Polymer 
FM = Flight Model 
GS = Graphite Sheet 
HSP = Heat Storage Panel 
LHP = Loop Heat Pipe 
PCM  = Phase Change Material 
SMA = Shape Memory Alloy 
TTM = Thermal Test Model 
Esun = Sunlight intensity 
T = Temperature 
Q = Amount of heat 
 
Greek symbols 
 = Solar absorptance 
 = Emittance 
 i = Incident angle of solar light 
 = Stefan-Boltzmann constant 
 
Subscripts 
abs = Absorption 
space = Space environment 
surf = Surface 
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I. Introduction 
n recent years, high-power micro-satellites below ~100 kg have been under focus [1] and their usability have been 
proved. A large number of micro-satellites are developed in accordance with the standards of CubeSat which is 

defined as the satellite with the weight of 1.33 kg or less per 1U (10 cm x 10 cm x 10 cm). CubeSats have extended 
their mission capabilities and often their mission is comparable to the mission of bigger satellites. For example, 
Planet Labs Inc. (USA) launched over twenty 3U satellites named Dove offering the service of providing Earth 
images to their customers, their mission focusing on Earth observation [1, 2]. NASA has been developed 6U 
CubeSat: Mars Cube One as mars probe and their CubeSat aim to advance the mission level beyond the earth's orbit 
[3]. 
    Due to the development of high functional micro-satellites, high-power micro-satellites whose benchmark is 
100W, 3U, have been demanded. Miltech Co. (USA) has been developed High-Power CubeSat Concept for 3U 
satellite [4]. Tether Inc.(USA) proposed Power Cube which can carry out electric propulsion for 80W, 3U satellite 
[4]. 
 For the thermal design of micro-satellite, especially for CubeSat, there are specific challenges which are not 
considered for a large scale satellite due to its physical limitations. Generally, passive control is applied as thermal 
control for the micro-satellites of small-power consumption, because the priority of thermal design is lower than 
other subsystems such as propulsion subsystem etc. However, their passive thermal control methods are not suitable 
for high-power micro-satellites. 
 Under such a background, our final goal is to build a functional and high-power thermal control system for a 100 
W, 3U micro-satellite. The main feature of this proposed system are no power supply, a simple configuration and an 
active control to realize variable control. In this paper, a 3U satellite was proposed as a testbed of 100 W thermal 
control system with a pitch type CFRP, a micro loop heat pipe (m-LHP) and a flexible deployable radiator. To build 
this system, a demonstration satellite which can absorb the solar heat of 100W was designed and the experiment of 
three phase changes of water was proposed as the payload using an electric power generation of 100 W. Moreover, 
the feasibility of the missions was verified by thermal mathematical model and the thermal test model was built for 
the space environment testing. 

 
 

II. Proposal of a micro-satellite with a functional thermal control system 
Table 1 and Figure1 show the specification and the schematic view of the proposed micro-satellite. The size of 

the micro-satellite corresponds to 3U standard and the weight is 3.9 kg. The spin axis of the satellite is fixed in the 
direction of the sun with a spin stabilization method. From Figure 1, it can be seen that there are four panels faced to 
the sun; three of them are used for absorption of solar heat and one of them is used for solar cell power generation. 
The solar cells are equipped on the side of satellite and on the top panel. The satellite body consists of two modules; 
the bus part corresponds to 1U size for the phase change experiment (the sun side) and the payload corresponds to 
2U size for the battery, communication equipment et al. (the opposite side to the sun).  The payload is exposed to a 
dynamic temperature fluctuation by solar heat of 100 W class for the water phase change experiment.  On the other 
hand, the temperature of the bus part is minimized to keep the performance of the satellite. Therefore, in the bus part, 
the active thermal control with the functional thermal system is demanded.  

Figure 2 shows a cross section view of the mission part to explain the mechanism of phase change experiment. 
During the sunlight, the mission part is heated by absorption of solar heat with the thermal absorption or radiation 
paddle. The surface for heat absorption is the graphite sheet (surface: KGS, Kaneka Co. and substrate: CFRP, 
Nippon Graphite Fiber Co., Ltd.) which has the advantages not only of thermal conductivity (950 W/(mK) at 
100 °C) but also of specific flexibility. Thus, this graphite sheet works as heat transport path without preventing the 
paddle from expansion and storage. The heat from the sun on the paddle is transported to the aluminum container in 
the center of the mission part via the graphite sheet. During the eclipse, the mission part is cooled only by thermal 
radiation to deep space from graphite sheet. For an efficient thermal radiation and absorption, the surface of the 
graphite sheet is coated to optimize the optical properties of the surface: the solar absorptance  and the emittance  
Thus the payload can maximize the temperature fluctuation (0 °C -100 °C) in Earth orbit to achieve the water phase 
change. 
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Table 1.  Specification of the proposed micro-satellite (3U, 100W). 

Size 30 x 10 x 10 cm3 
Weight 

― Bus part  
― Payload 

3.9 kg 
― 2.5 kg 
― 1.4 kg 

Attitude control system Spin stabilization method 
Mission lifetime  1 year 

Payload equipment 
― Water phase change observation 

 
 

― Demonstration device 

 
Phase change chamber 

(Quantity of water 24 cm3/ Inner volume 29 cm3)  
Camera with light 

Thermal absorption or radiation paddle 
(Surface area 266 cm3 x3) 

Heat storage panel 
Micro LHP 

Flexible deployable radiator 
Bus equipment 

― Communication system 
― Attitude control system 

 
― Control system 
― Power system 

 
UHF band transmitter/ Receiver 

Solar sensor, Gyro sensor 
 Geomagnetic sensor, Magnetic torquer  

Bus/ Mission integrated computer 
Lithium-ion battery 

Solar cell paddle 
 

 

  

 

Figure 1. Schematic view of the proposed 
micro-satellite. 

Figure 2. Mechanism of water phase change experiment. 
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III. The design of the thermal control system 
The biggest challenge for the micro-satellite is to keep the temperature of the bus part around room temperature, 

though the payload is facing a dynamic temperature fluctuation. The thermal control system for this micro-satellite 
involves two main concepts; 1) At the payload, the thermal environment is adapted for the water phase change 
experiment by controlling the surface property of the high thermal conductivity material. 2) At the bus part, the 
temperature fluctuation is minimized by the active use of the functional thermal devices without power supply such 
as heater etc. 

Figure 3 shows the configuration of the proposed micro-satellite based on the above design concept. The payload 
is mounted on the side facing the sun and the camera for water phase change experiment is mounted on the most 
side of the sun. The battery is equipped in the center of the satellite because it is a heavy component and it has a 
narrow allowable temperature range. The communication instruments which have a large amount of exhaust heat are 
equipped on the side of the radiator (the non-illuminated side). 

The details of each functional device are shown below. The battery which has the narrowest allowable 
temperature range is controlled with the heat storage panel (HSP) as shown in Figure 4. The HSP can buffer the 
dynamic temperature fluctuation by increasing the apparent heat capacity. The design of the HSP is based on the 
HSP of Hodoyoshi 4 [5]. The HSP consists of side panels (7 mm thick) and phase-change material (PCM, 11 mm 
thick). In this study, the configuration of HSP and the material of PCM were modified due to the difference in the 
application temperature range and the mounted area. Hexadecane (C16H34) was selected as the PCM because the 
phase change point (melting point 18 °C) is almost the same as the middle point of the allowable temperature range 
for the application object. The size of HSP is 96 mm x 85 mm based on 3U standard. From the analysis of the 
satellite thermal mathematical model (below for the details), the temperature fluctuation to control with the HSP 
becomes 20 °C. Therefore, the required amount of heat storage is calculated as 970 J from heat capacity of battery 
48.5 J/ K. In this satellite, two HSPs are applied with heat storage 572 J per HSP.  

 
 
 
 

 

 

 

Figure 3. Configuration of the proposed micro-satellite 
with the functional thermal control system. 

Figure 4. Heat storage panel with CFRP.  
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Figure 5. Micro loop heat pipe (m-LHP) for the cooling of the camera module.
 

 
 
 
 
 
 
 
 
 
 
 
 
 

 

a) The operating status of the actuator. 

 

b) The temperature dependence of deployment angle.

Figure 6. Actuator operation experiment with a flexible deployable radiator under atmospheric 
environment. 

 
The camera whose temperature becomes high during the sunlight, is controlled with a micro loop heat pipe (m-

LHP) as shown in Figure 5. The m-LHP is a heat transport device which is activated by using capillary force [6-8]. 
In the sunlight, the camera module is influenced by the thermal input of its own heat generation of 4.0 W and of the 
thermal radiation of 4.5 W. This condition is supposed to be applied under the worst-case assumption that the 
temperature of camera module is 20 °C and the temperature of phase change chamber is 150 °C. Thus, the 
maximum heat transport quantity of the m-LHP becomes 10 W which includes the margins of 20 % to the against 
maximum thermal input 8.5 W.  Meanwhile, during the eclipse, the minimum start-up heat load corresponds to the 
own heat generation 4.0 W from the camera module. In this research, acetone is selected as the working fluid for the 
m-LHP because of a relatively low boiling point matching with the working temperature 55 °C and the allowable 
temperature of the camera module 70 °C. 

Figure 6-a) shows a flexible deployable radiator to waste the heat from the m-LHP and from the communication 
instruments. The operating principle is that the flexible deployable radiator can change its deployment angle and the 
radiation area depending on temperature by shape memory alloy (SMA) [9-11]. The features of the radiator are as 
follows; 1) the radiation area can be expanded more than the surface area even after the launch and orbit insertion, 
and 2) Graphite Sheet(GS) which has high thermal conductivity, lightweight, and flexibility is used for the 
integrated parts between the main body and the deployable part. Thus, the radiation area also becomes a path for 
heat transfer. The target performance is determined so that the size of storage is under 95 mm x 110 mm, and the 
maximum radiation amount is 11.8 W at the temperature of fin of 55 °C. The fin consists of graphite sheet (size 300 
mm x 75 mm, thickness 40 m x10 layers, Kaneka Co.).  The surface of the flexible deployable radiator is silver 
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deposition Teflon (125 m thick) which has the solar absorptance 0.22 and the total hemispherical emittance 
0.77.  

Figure 6-b) shows the results of the actuator operation experiment with the flexible deployable radiator under 
atmospheric environment. The radiator was placed in a thermostatic oven and the ambient temperature of the 
radiator was kept in the equilibrium state for each angle. The deployment angles of the radiator were observed 
through the view port of the thermostatic oven. For the deployment test, the flexible deployable radiator was heated 
from - 40 °C to + 40 °C for every 10 °C. Furthermore, for the storage test, the flexible deployable radiator was 
cooled from + 40 °C to - 40 °C for every 10 °C. The deployment angle for each step was measured at steady state. 
From the operation results shown in Figure 6-b), the radiator can develop the fin in the vicinity of 10 °C and store 
the fin in the vicinity of -10 °C almost as predicted by the design. 

 
 

IV. The feasibility verification by thermal mathematical model 
For the feasibility verification of the mission in the proposed micro-satellite, the temperature change in orbit was 

predicted by thermal mathematical model. Thermal Desktop known as the thermal fluid analysis tool was used for 
the thermal mathematical model of the satellite [12]. In this research, the objective is to design the thermal control 
system which can control the thermal input up to 100 W class. Thus, the amount of thermal absorption at the paddles 
was evaluated whether the thermal absorption or radiation is enough for the thermal input of 100 W class or not. The 
amount of heat from the surface of paddles to the inside of satellite is derived by  

   ,          (1) 

where Qabs, Esun, , i, , , Tspace, Tsurf are the amount of thermal absorption, the sunlight intensity 1358 W/ m2, the 
solar absorptance, the incident angle of solar light, the Stefan-Boltzmann constant 5.67 x 10-8 W/ (m2 K4), the total 
hemispherical emittance, the temperature of deep space and the surface temperature, respectively. The amount of 
heat is the difference between the solar input and the thermal radiation from the paddles. At first, the incident angle 
of solar light and the surface temperature of paddles in orbit were calculated by Thermal Desktop. The calculation 
results by Thermal Desktop are substituted in Eq. (1) to derive the amount of thermal absorption from the sun. 
Figure 7 shows the analytical results of temperature change for the mounted devices. The simulation result for the 
phase change of water becomes the temperature change from -10 ºC to 100 ºC and reveals the possibility of the 
phase change test. The temperature of bus equipment is also within the allowable temperature range (0 ºC - 40 ºC). 
In conclusion, these results prove the feasibility of the proposed mission with a functional thermal control system. 

 
 

 

Figure 7. Analysis results of temperature change for the mounted devices.  

 
 



 
International Conference on Environmental Systems 

 

 

7

V. The space environment testing 
The experimental evaluation of the proposed micro-satellite with functional thermal control system was 

conducted in the space environment. Figure 8 shows a thermal test model (TTM) which simulates the thermal 
properties of the satellite by using a mockup model. Especially the mission part and the functional thermal control 
devices in TTM have the same specifications as the flight model (FM). Meanwhile the bus part consists of 
substitutes except the body structure and the camera module. The weight of TTM is about 2.7 kg and the estimated 
weight of FM become 2.9 kg which satisfies the upper limit of 3U standard ~3.9 kg. 

Figure 9 shows the experimental setup for the space environment testing by using a space chamber. The wall 
temperature of the space chamber is kept from -170 °C to -190 °C by liquid nitrogen and the pressure of the space 
chamber is 10-5 Pa or lower. TTM is placed with the bottom up in the space chamber as shown in Figure 8-b) and 
TTM is fixed with polyester cable to minimize the heat leak due to conduction. A heater was used to provide the 
thermal input from the sun. The temperature of each part is measured by T type thermocouples. At the beginning of 
the space environment testing, each element of the thermal devices and each equipment of the payload were tested 
and moreover the operation test with the satellite as an integrated system was conducted. 

 
 
 

a) TTM model b) TTM in space chamber 

Figure 8. Images of a) Thermal Test Model and b) TTM in space chamber setup.  

 

 
 

 

Figure 9. Experimental setup for the space environment testing. 
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Figure 10. Temperature history of water in the space environment testing. 

 
 

Figure 11. Operation test result of heat storage panel in the space environment testing. 

 
 
Figure 10 shows the comparison between the analysis and the experiment for the temperature history of water. 

From the experimental result, periodic temperature fluctuations occur from -9 °C to 37 °C and accordingly only the 
solid-liquid phase change occurs without the gas-liquid phase change. The causes of this problem are considered as 
follows: 1) the increasing of thermal radiation from the paddle surfaces and 2) the small conductance between the 
graphite sheet and the water chamber. The problem 1) is ascribed to the properties of the surface paint or the gap 
between the substrate and graphite sheet. The problem 2) is ascribed to the poor contact to water chamber or the 
deflection of the hinge part.    

Figure 11 shows the operation test result of  the HSP which indicates the performance as predicted by the design. 
The degradation of HSP or the leakage of PCM by iteration were not observed. Furthermore, the thermal storage 
performance was considered. The estimated amount of heat storage was 552 J which corresponds to 97% of the 
theoretical value [13].   
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VI. Conclusion 
 A functional and high-performance thermal control system with no power supply for a high-power micro-
satellite: 100W, 3U has been proposed. To design this system, a demonstration satellite which can absorb the solar 
heat of 100W was proposed and the experiment of three phase changes of water was conducted as the testbed of 
100W thermal control system. The basic design of the micro-satellite is divided into the payload design and the bus 
part design. The feasibility of the mission is proved by thermal mathematical model as follows; 1) the solar input to 
paddles can reach 180 W and the paddles can absorb the thermal energy up to 97 W.  2) the phase change of water 
leads to a temperature change from -10 ºC to 100 ºC and reveals the possibility of the phase change test. And 3) The 
temperature of bus equipment is also within the allowable temperature range (0 ºC - 40 ºC). Furthermore, the 
thermal test model was built and the test results confirmed the operation of the functional thermal control system 
with the HSP, the m-LHP and the flexible deployable radiator in the space environment testing, although the 
temperature fluctuation at the payload was not enough to satisfy the requirement.  
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