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Proba-3 is a mission from ESA Technical Directorate to demonstrate high precision 

satellite formation flying technologies. Two small spacecrafts will fly together maintaining a 

fixed configuration as a large rigid structure in space to conform a giant solar coronagraph. 

One will cast a shadow across the second to open up an unimpeded view of the inner area of 

the Sun’s corona. The spacecraft pair will be launched together and separate to fly in a 

highly elliptical Earth orbit divided between periods of accurate formation flying around 

apogee and periods of free flight. The mission is being developed by an industrial consortium 

led by SENER Aerospace, whose main partners are: Airbus DS Spain (responsible for the 

two platforms), QinetiQ Space NV (responsible for avionics), GMV Aerospace & Defense 

(responsible for the Formation Flight system) and Spacebel (responsible for the on-board 

SW). This paper presents the main aspects of the two spacecraft platforms thermal design 

and analysis. 

Nomenclature 

ADPMS = Advance Data & Power Management System 

AMU = Acquisition Mire Unit 

ARS = Angular Rate Sensor 

ASPIICS = Association of Spacecraft for Polarimetric and Imaging Investigation of the Corona of the Sun 

CCB = Coronagraph Control Box 

CCRR = Corner Cube Retro Reflector 

CEB = Coronagraph Electrical Box 

CHU = Camera Head Unit 

CSC = Coronagraph Spacecraft 

DARA = Digital Absolute RAdiometer 

DPU = Dual Data Processing Unit 

FDV = Fill and Drain Valve 

FLLS  = Fine Lateral and Longitudinal Sensor 

FVV = Fill and Venting Valve 

GPSA = Global Positioning System Antenna 

GPSE = Global Positioning System Electronics 

HPLV = High Pressure Latch Valve 

HPT = High Pressure Transducer 
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HRM = Hold-down Release Mechanism 

IEU = Interface Electronic Unit 

ISLA = Inter Satellite Link Antenna 

ISLE = Inter Satellite Link Electronics 

ISM = Integration Synchronization Module (VBS Sync Detector) 

LCEU = Laser Control Electronic Unit 

LEOP = Launch and Early Orbit Phase 

LPF = Low Pressure Filter 

LPT = Low Pressure Transducer 

LV = Latch Valve 

MICE = Mire Control Electronics 

MIRES = Mire System 

MOH = Mire Optical Head 

MPR = Mechanical Pressure Regulator 

MSBT = Micro S-Band Transceiver 

NAC = Narrow Angel Camera 

OBA = Optical Bench Assembly 

OBAC = Optical Bench Assembly Coronagraph 

OBAO = Optical Bench Assembly Occulter 

OHU = Optical Head Unit 

OPSE = Occulter Position Sensor Emitter  

OSC = Occulter Spacecraft 

PT = Pressure Transducer 

RV = Relief Valve 

RW = Reaction Wheel 

SADM = Solar Array Deployment Mechanism 

SAHRM = Solar Array Hold-down Release Mechanism 

SAS = Sun Acquisition Sensor 

SBA = S-Band Antenna 

SLI = Single Layer Insulation 

SSM = Second Surface Mirror 

STR = Star Tracker 

TCS = Thermal Control System 

TP = Test Port 

TPL = Technological Payload 

VBS = Vision Based Sensor 

WAC = Wide Angle Camera 
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I. Introduction 

ROBA-3 is the third small satellite technology development and demonstration mission from ESA's Technical 

Directorate. The primary mission objective is to demonstrate the technologies required for high precision 

formation flying of multiple spacecraft. Additionally, the mission aims to study the Sun’s corona, which extends 

millions of kilometers from the solar surface and is the source of the solar wind and massive magnetic eruptions. 

The mission comprises two small meter-scale satellites that will fly in a highly elliptical Earth orbit at 150 

meters to one another with the ability to accurately control the attitude and separation between them. One spacecraft 

will cast an artificial solar eclipse on the other to open up a clear view of the Sun’s atmosphere for its coronagraph 

instrument. The expected duration is about 2 years to complete all the formation flying experiments and solar corona 

observations. 

The two satellites must align with unprecedented 

flight control accuracy. The objective is to maintain a 

fixed configuration to create a virtual large rigid 

structure in space as if both were a giant coronagraph 

instrument. This virtual structure will be capable of 

rotating and pointing to any desired location. The relative 

distance between the two spacecraft will be also adjusted 

from 25 m to 250 m to control the focal length of the 

coronagraph instrument. 

The HEO orbit selected for the mission has: 

- apogee altitude: 60530 km;  

- perigee altitude: 600 km;  

- inclination: 59º;  

- argument of the perigee: 188º 

- RAAN: 150º 

The orbital period is 19.7 hours. This orbit provides 

optimal stability for the formation flying maneuvers and 

coverage for using a single ground station during the whole mission.  

The formation flying maneuvers will be executed during the apogee phase where the gravity gradients are low 

and so are the thrust and propellant expenditure required to control the formation. The formation cannot be 

maintained at the perigee thus, it is broken and reacquired in every orbit.  

No GPS measurement will be available during formation flying phases. Therefore, the two spacecrafts carry 

dedicated metrology sensors and communication systems to determine the relative position between one another and 

coordinate with the companion with micrometric precision.  

The launch is planned for mid-2022 with PSLV operated by ISRO. The two satellites will be launched stacked 

one on top of the other and separate in flight after LEOP and STACK commissioning phase. 

The mission is being developed by an industrial consortium led by SENER Aerospace, whose main partners are 

Airbus DS Spain (responsible for the two platforms), QinetiQ Space NV (responsible for avionics), GMV Aerospace 

& Defense (responsible for the Formation Flight system) and Spacebel (responsible for the on-board SW). The 

platforms and formation flight systems are new developments but the main avionics and attitude control systems 

relay on the heritage from previous PROBA missions.  

This paper describes the overall thermal architecture of both platforms. 

  

P 

 
Figure 1.  Mission artistic representation.  

One spacecraft casting the artificial solar eclipse on the 

other. 

http://www.esa.int/ESA_Multimedia/Images/2016/09/Proba-3_satellites_form_artificial_eclipse
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II. Spacecrafts Configuration 

The two independent small satellites are named after 

the hosted payload element: Coronagraph Spacecraft 

(CSC) and Occulter Spacecraft (OSC). The metrology 

equipment and coronagraph are mounted on optical 

bench assemblies in order to achieve good stability and 

minimize the thermo-elastic distortions that could affect 

the sensors and thus the formation flying performance.  

The total mass of the stack configuration is about 550 

kg. The CSC accommodates the launcher interface and 

holds the OSC on top of it by means of a clamp band 

mechanism that will open up in orbit after LEOP. Both 

structures are composed mainly by aluminum 

honeycomb panels with the exceptions of the occulter 

disc and solar panels which are made of carbon fiber. 

Both satellite platforms are designed sharing the 

same main avionics, sensors and power generation 

systems. Each spacecraft is equipped with the Advance 

Data & Power Management System (ADPMS), which 

was developed for previous PROBA missions; the same 

Interface Electrical Unit (IEU); triple-junction GaAs 

solar cells; Li-ion battery; four reaction wheels for three-

axis stabilization; and three star tracker optical heads, 

sun sensors and gyros for attitude determination. Table 1 

provides a summary of the main satellite systems 

configurations. 

 

Table 1: Proba-3 main spacecraft systems 

System CSC OSC 

Command and Data 

Handling 

Controller ADPMS 

Interface IEU 

Power 
Photovoltaic Assembly Solar Array 

Storage Li-Ion battery 

Communications S-Band Transceiver 2 Rx-Tx units + 2 x antennas 

Formation Flight 

High Accuracy 

Metrology 

1 Corner-cube Retro 

Reflector 
Emitter (laser) and Sensor 

Vision Based Sensors 8+8 IR LEDS + 1 MICE 2 WAC, 2 NAC + 1 DPU 

Inter Satellite Link 2 x Rx-Tx units + 4 antennas 2 x Rx-Tx units + 4 antennas 

GPS 2 receivers + 2 antennas 

Scientific Payloads 

Coronagraph Instrument 
Optical Detector and 

electronics 
Occulter disk 

Absolute Radiometer   
1 Digital Absolute 

Radiometer 

AOCS 

Star Trackers 3 Optical Heads + 1 DPU 

Sun sensors 5 (1 Fine and 4 Coarse) redundant cosine sensors 

Rate sensors Two 3-axes Inertial Rate Sensors 

Propulsion thrusters 2x8 1 N Monopropellant 2x12 10 mN Cold Gas 

Reaction Wheels 4 Units 

 
Figure 2.  PROBA-3 launch configuration.  

OSC is stacked on top of CSC for LEOP.  Both  satellites 

are connected by means of  two conical adapters that are  

facing each other and fastened with a clamp band. 
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III. Thermal Control Architecture 

The thermal architectures of the two spacecraft that conform PROBA-3 provide the thermal environment that 

guarantees the full performance of all systems during operational phases and the survival of the equipment in safe 

mode during the whole mission. Particularly, the main challenges are: 

I. to provide optimal temperature stability for all formation flying sensors and instruments onboard both 

satellites, i.e. HAMS and Coronagraph Instrument;  

II. to accommodate all electronics ensuring the heat rejection capacity while minimizing heating power;  

III. to withstand an Earth eclipse of 3 and a half hours with a stringent limitation of power. 

Thermal control design drivers are linked to the formation flying maneuvers and the eclipse orbits. Figure 3 

presents the main orbit scenarios and formation flying maneuvers. 

 

 
 

 
 

Figure 3.  Orbit representation and main spacecraft maneuvers. Thermal design is driven by the formation 

flying maneuvers and the eclipse orbits. 
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The thermal control is based on passive means complemented by sets of active heater lines. Both platforms share 

the same baseline in terms of materials and coatings for the structure and equipment: 

- Lightweight embossed Kapton MLIs are used to provide external and internal insulation. Black Kapton foils 

are used for the outer layers of the external blankets to avoid any reflections on the formation flying sensors 

or the coronagraph instrument, whereas VDA Kapton foils are used in the internal blankets to guarantee a 

high radiative decoupling from the internal environment. 

- The internal units and panels are black coated to improve the radiative couplings and guarantee internal 

temperature homogeneity. The exceptions are the cavities of the optical bench assemblies’ cavities, batteries 

and propulsion systems which are insulated by means of MLI, since the temperature requirements are 

different from the overall platform. 

- The radiators are white painted areas on the external panels. SG121FD demonstrates a wide flight heritage 

and suitability for the mission environment, since it has been already proven in several geo-stationary 

satellites with a harder radiation environment. 

- Thermal interface fillers are used to increase the baseplate contact to the mounting interface.  

- Thermal washers made of glass fiber and titanium are used to isolate the battery, propulsion systems and 

antennas from the structure. 

- Thermal doublers are used to improve coupling between redundant units the radiator efficiency for the units 

with high dissipation density. The doublers are aluminum plates embedded in the panels. 

- Heater lines are used in the cold phases of the mission and to compensate the units’ dissipation when they 

are inactive. The heaters guarantee the temperature stability of the instruments and minimum temperature of 

the electronics in either operative or safe modes. Double layer Kapton foil heaters are mainly used due to 

space limitations. 

A. Heating System 

The Interface Electronic Unit (IEU) is responsible for the acquisition and encoding of telemetry signals, and the 

control and power management of the heater lines, propulsion systems and mechanisms in both spacecraft. The unit 

implements three separated redundant modules that are powered by the Advance Data & Power Management 

System (ADPMS) through three independent switchable output (SO) power lines: 

- the controller module; 

- the heaters module; and 

- the propulsion module. 

The nominal capabilities of the IEU’s heater module are not sufficient to deliver the heating power demanded 

during the longest eclipse of the mission (three hours and a half). The unit is adapted to provide additional heater 

lines through the unused electrical interfaces for catalytic bed heaters and thruster commanding lines of the 

propulsion module. Thus, two sets of heater lines are defined in both spacecraft: 

- Operational heater lines (HOL):  

o connected to the heater module; 

o 20 redundant lines; 

o voltage range from 23 V to 29 V (unregulated to reduce the electrical power losses); 

o and total peak power at minimum voltage: 60 W 

- Additional heater lines (HAL): 

o connected to the propulsion module; 

o 4 (CSC) and 7 (OSC) redundant lines; 

o voltage range from 27 V to 31 V (regulated as the rest of the propulsion lines); 

o and total peak power at minimum voltage: 27 W 

From the thermal control point of view, the main difference between the two sets of heater lines is that the 

operational lines are available at any time, whereas the additional lines cannot be used when the propulsion is 

operated, i.e. during all of the formation-flying maneuvers, which are performed at the Apogee of the operative 

orbits. For this reason, the accommodation of heater lines has been selected carefully to be compatible with the 

formation flying experiments. 

A simple ON/OFF temperature regulation is sufficient to meet the thermal requirements for the electronic units 

of the platform, except for the heater lines in the optical bench assemblies, which implement a finer control by 

means of temperature Proportional-Integral (PI) regulation to meet the stability requirements during operation. 

Control limits are different for operational and safe modes. 
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IV. Occulter Spacecraft 

The OSC is designed to fly facing the Sun always on the same side and act as an occulting disc for the CSC. The 

spacecraft mass is about 250 kg, with a size of 1.4 by 1.0 x 1.1 m. The structure is essentially a cube reinforced by 

two shear panels that divide the internal environment in four cavities. The electronics are mounted on top, bottom 

and lateral panels of the internal structure. 

The main payloads on the OSC are: 

- Vision Based Sensor System:  

o Narrow Angle Cameras (NAC); 

o Wide Angle Cameras (WAC); 

o Integration Synchronization Module (ISM); and 

o Data Processing Units for the cameras (DPU) 

- High Accuracy Metrology System: 

o Fine Longitudinal and Lateral Sensor (FLLS) 

o Laser Control Electronic Unit (LCEU) 

- Digital Absolute Radiometer (DARA); and 

- Occulter Position Sensors Emitter (OPSE) for the Coronagraph Instrument. 

The solar array is mounted to isostatic 

supports and isolated by means of thermal 

washers inasmuch as it is used as a thermal shield 

for the spacecraft. The electronics dissipation is 

mostly rejected by means of the radiators located 

on the lateral panels. Thermal doublers are used 

to improve the temperature homogeneity of the 

radiator surfaces and thus their performance. 

The occulter disc is located on the anti-Sun 

face as an extension of the panel. The edge is an 

independent part made of carbon fiber that is 

attached to the panel by means of 24 bolts and 

shims to provide alignment capability in the 

installation. Cyanate ester prepeg resin system is 

used to achieve the stringent requirements on 

geometrical stability and position with respect 

the metrology system and thus the coronagraph.  

The four VBS cameras (2 WAC and 2 ISM) 

are mounted on a single bracket in the anti-Sun 

panel and protected by MLI. The bracket is 

decoupled from the panel and the camera baffles 

from the optics by means of thermal washers. 

The anti-Sun panel implements a cutout for 

the Optical Bench Assembly (OBA) and 

accommodates the vision-based sensors to 

control the formation flight. The OBA integrates 

the Star Tracker Assembly (STR), NAC and the 

FLLS OHU. The optical bench is a carbon fiber 

honeycomb panel mounted on the platform by means of titanium isostatic supports on the bottom panel. Heater lines 

are used on the bench and optics to achieve optimal thermal stability for the assembly and limit the heat flux 

exchange with the FLLS OHU. 

The FLLS OHU converts the input laser light transmitted through optical fiber from the LCEU into a collimated 

beam sent to the corner cube retro-reflector (CCRR) on the CSC. The reflected beam is split and captured by the 

longitudinal and lateral sensors and the optical signals sent back to the LCEU. The optics are mounted on a Cesic® 

baseplate covered with MLI and mounted on the OBA by means of three isostatic titanium feet. The optics are 

equipped with a heater line to accurately control the temperature stability of the optics. 

The FLLS LCEU contains the laser diode and the signal processing electronics to calculate the displacements in 

three axis (lateral and longitudinal) between both satellites. The unit shall be controlled in a narrow temperature 

 

 
Figure 4.  Occulter Spacecraft. Black MLIs are represented by 

the yellow semi-transparent areas. 
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range with a relatively high dissipation to guarantee the diode performance. Thus, it requires a large radiator and a 

significant amount of heater power to meet this requirement. Two heater lines (operational and additional) are 

allocated to the LCEU for compensating the dissipation during non-operational phases (outside the apogee arc). The 

diode is also equipped with an internal heater line to quickly warm it up before the formation flying phases during 

the acquisition. The unit is isolated from the internal environment by means of MLI and the panel implements a 

large doubler to improve the efficiency of the radiator. 

The Digital Absolute RAdiometer 

(DARA) is an instrument that measures 

the total solar irradiance (in W/m2) on 

the spacecraft. It is divided in two parts 

which are thermally decoupled from one 

another: the sensor box and the 

electronics box. The sensor box 

implements a shutter mechanism for 

optics and is thermally protected by a 

frontal shield (OSR). The electronics 

box implements a radiator (white 

painted area) on top and survival heater 

lines activated by thermostats. The 

whole radiometer is covered with MLI 

and decoupled from the panel by means of titanium washers. 

The OSC is responsible for achieving the high accuracy formation flying using 12+12 cold gas mN thrusters. 

The propulsion module is accommodated on the central shear panel and implements: 

- 2 High and 2 low pressure transducers for monitoring; 

- 1 High and 4 low pressure filters to remove any particles from the system; 

- 1 fill and venting valve to load the propellant; 

- 2 test ports; 

- 2 mechanical pressure regulators to expand the cold gas from the tank high pressure to the low pressure 

required at the mN thrusters; and 

- 1 relief valve in case the mechanical pressure regulator fails. 

The system is interconnected with titanium pipes and divided in two branches for redundancy. 

The pressure regulators are equipped with heaters to compensate the cooling effect due to the expansion of the 

propellant (Joule-Thomson effect). The tank is thermally isolated by means of MLI and warmed with heaters to 

control the gas temperature as an additional mitigation for the Joule-Thomson effect in the pressure regulators. The 

tank heaters are installed on the internal layer of the MLI to prevent them from detaching due to the contraction of 

the volume of the tank between beginning and end of life. The heaters are designed to have a very low power 

density since the heat is transferred by radiation. 

V. Coronagraph Spacecraft 

The CSC is also designed to fly always with the same side oriented towards the Sun. The spacecraft mass is 

about 300 kg with an overall volume of 0.99 x 1.4 x 1.3 m. The geometry is driven by the location of the solar array, 

which shall stay outside of the penumbra during the coronagraphy.  

The primary payloads on the CSC are: 

- The Coronagraph Instrument (CI); 

- The Corner Cube Retro-reflector (CCRR), which is part of the high accuracy metrology system; and 

- Mire System (MIRES): infrared LEDs that are part of the vision based sensor system (VBS) for 

formation flight acquisition. 

The secondary payloads are: 

- Technological Payload (TPL) 

- Angular Rate Sensor (ARS)  

 The primary structure consists of four aluminum honeycomb panels, one aluminum interface ring and one 

aluminum interface cone. The panels arranged horizontally (top and bottom) integrate the interface with the launcher 

and the interface cone for the OSC. The vertical panels (bus and payload) are attached to the top and bottom ones 

and aligned with the ring and cone interfaces to provide mechanical strength to the stack structure.  

  
Figure 5.  OSC internal view. Lateral panels are deployed to show the 

internal units accommodation. 
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The bus and payload panels divide the internal 

environment in three cavities (bus, main and 

payload). The cavities are externally closed by 

means of independent panels on the lateral, Sun 

and anti-Sun faces. 

The main electronic units are integrated in the 

bus and main cavities (ADPMS, IEU, MSBT, 

CCB...), whereas the payload accommodates the 

OBA. The electronics dissipation is mainly 

rejected via two large radiators on the anti-Sun 

panels of bus and main cavities. These cavities are 

internally black coated to improve the temperature 

homogeneity and to cool down the units mounted 

on the Sun panel. On the other hand, the payload 

panel is covered with MLI to thermally decouple 

the cavity and the OBA from the platform. 

The OBA integrates the Star Tracker 

Assembly (STR) and the coronagraph instrument 

optics, while the coronagraph electronic units 

(CEB and CCB) are accommodated on the 

platform. The coronagraph instrument implements 

internal heater lines to control the temperature of 

the optics, and a dedicated radiator on the lateral 

panel of the payload cavity to reject the heat 

dissipated by the coronagraph optics box (COB). 

The radiator is mounted decoupled from the panel 

and coupled to the instrument by means of a 

thermal strap. 

The CCRR features a corner cube retro reflector surrounded by a thin aluminum enclosure that retains a Sun 

filter that only allows the FLLS laser to pass through. The enclosure is covered with MLI up to the Sun filter 

retainer, which is coated with second surface mirror (SSM) to serve as a radiator. The reflector is equipped with a 

heater line to control the temperature at 20 ºC to avoid thermo-elastic distortions. The assembly is mounted to a 

baseplate made of a low conductive material (Torlon 5030) to decouple the CCRR from the structure. 

The MIRES are arranged in a specific pattern in the Sun panel for the VBS system. They are exposed to direct 

solar illumination while their housing is black coated for optical reasons (to avoid straylights on the FLLS). Thus, 

they are glued to the panels and the AMU mounted on a thermal interface filler to cool them through the spacecraft 

structure. 

The solar array is attached to the opposite side of 

the shadow casted by the OSC on the coronagraph 

instrument. It is stowed against the structure during 

launch and deployed in a later step. 

The spacecraft implements a monopropellant 

hydrazine propulsion system to perform the orbital 

maintenance maneuvers. The system implements 

sixteen 1N dual coil / dual seat monopropellant 

thrusters that are divided in two branches (nominal 

and redundant). Each thruster implements a series of 

redundant flow control valves and catalyst bed heater 

circuits to heat up the catalyst bed above 180 ºC, 

which is the minimum preheating temperature to 

ensure nominal thrust.  

The propulsion system implements: 

- two bi-stable latching valves to control each branch independently;  

- a filter at the downstream of the tank;  

- three pressure transducers for monitoring;  and 

 
Figure 7.  CSC top internal view. The top panel is not  

visible to clearly show the divison among cavities. 
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Figure 6.  Coronagraph Spacecraft. The Solar Array is 

shown in stowed configuration. Black MLIs are represented by 

the yellow semi-transparent areas. 
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- one fill and drain valve; one fill and vent valve and one test port for each branch.  

All the equipment is interconnected by means of 1/4 inch and 1/8 inch titanium tubing.  

The entire propulsion system is decoupled from the rest of the platform as it is nominally warmer. The 

temperature shall be always above the freezing point of the hydrazine. The equipment and the tubing are isolated 

from the structure by means of low conductivity stand-offs and glass fiber washers. Additionally, the equipment, 

tank and tubing are covered with VDA MLI. Wire heaters are bonded along the propellant lines and interconnected 

in specific configurations with Kapton foil heaters installed in the equipment to achieve the necessary heater power 

along the tubes. 

The thrusters are mounted to black coated brackets that are coupled to radiators on top and bottom panels for 

cooling down the flow control valves after firing and during long pre-heating periods. Each thruster flow control 

valve is also equipped with heaters to keep the hydrazine in the valve above the freezing temperature when the 

propulsion is inactive. 

VI. Thermal Analysis 

A Thermal Mathematical Model of each spacecraft has been built to validate the thermal performance of both 

platforms. The models represent the relevant thermal properties to compute the radiative couplings, external fluxes 

and temperatures for the PROBA-3 mission. Each spacecraft is analyzed independently but the results are studied 

together to validate the performance of the mission. The models must be combined to analyze the stack performance 

during the commissioning and separation scenarios. 

The main challenges for the thermal analysis have been: 

1. to define all scenarios so that the dissipation profiles of the electronics are synchronized with the orbit 

ephemeris and all the formation flight maneuvers. 

2. to accurately compute the solar fluxes resulted from casting the shadow of the occulter disc on the CSC.  

A. Operational scenarios 

The operational scenarios are defined 

according to the formation flying maneuvers 

that are performed at the apogee: 

1. Coronagraphy 

2. Retargeting 

3. Resizing short (min. distance of 25 m)  

4. Resizing long (max. distance of 250 m) 

These four scenarios are studied in hot and 

cold conditions: maximum and minimum solar 

illumination; maximum and minimum power 

dissipations and any eventual eclipse period 

during the orbit. No eclipse is considered for 

the hot cases and the longest short eclipse (at 

the perigee) is considered for the cold ones.  

B. Non-operational scenarios 

The non-operational scenarios are the 

nominal cases in which the formation flying is 

not performed: 

1. Long Eclipse (cold) 

2. Stack LEOP (hot and cold) 

3. Stack Commissioning (cold) 

4. Separation (cold) 

5. Metrology Calibration (hot and cold) 

The sizing scenario for the heating system of both spacecraft is the Long Eclipse (eclipse at the apogee). In this 

case, there is no external heat fluxes for 3.5 hours, the bus voltage of the operational heater lines (unregulated) 

decreases from the nominal value to the minimum at the end of the eclipse due to the discharge of the battery and 

the dissipations are the lowest ones. 

 

 
 Figure 8.  OSC and CSC Thermal Mathematical Models. Five 

different geometrical models have been used for the analysis: 

internal and external models for each satellite, and one external 

model for the stack. 
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Solar Cell

Sun sensors

White Paint (COB)

Aluminum

MIRES

Vespel (Black)

Haynes 25

White Anodized

CFRP

Black paint

Black Kapton 100XC

Black Kapton 100XC

Alodine 1200
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C. Failure scenarios 

There are also failure scenarios in other systems that shall 

be considered for the thermal design: 

1. LEOP Solar Array deployment failure where the CSC 

solar array fails in the deployment and the Stack adopts 

a special pointing attitude to ensure the indefinite 

survival until the solar array is deployed. 

2. ADPMS Reboot cases that consider a failure in the 

system that leads to an ADPMS reconfiguration that 

leaves the satellite uncontrolled until it reboots. 

D. Results 

The solar heat fluxes are correctly computed taking into 

account the shadow of OSC on the CSC as shown in Figure 10. 

The Sun is modelled as a finite size instead of computing the 

solar flux with parellel rays to create a representative 

penumbra heat flux profile. 

Temperatures limits of the main equipment for operational 

and non-operational scenarios are summarized in Table 2 and 

Table 3 for each spacecraft. 

CSC installed heating power is: 

- Operational lines: 62 W @ 23 V.8  

- Additional  lines: 27 W @ 27 V. 

OSC installed heating power is:  

- Operational lines: 59 W @ 23 V. 

- Additional  lines: 27 W @ 27 V. 

The TCS power consumption and electronics dissipation is 

show in Figure 11, Figure 12, Figure 13, Figure 14, Figure 15 

and Figure 16 for each spacecraft in hot and cold coronagraphy 

(operational scenarios) and long eclipse (cold non-operational 

scenario). 

 

 
                                                           
8 The installed power is two watts above the maximum. The deviation is acceptable for the power system. 

 
Figure 9. OSC solar fluxes during coronagraphy (W/m2).  

 
Figure 10. CSC solar fluxes during coronagraphy (W/m2). 

CSC model implements a sphere representing the OSC to 

model the shadow on the coronagraph. 

Table 2: CSC summary of analysis results 

 
 

Table 3: OSC summary of analysis results 

 

Min 

Design
Min Max

Max 

Design

Min 

Design
Min Max

Max 

Design

ADPMS -10 ºC -5 ºC 27 ºC 50 ºC -10 ºC -10 ºC 28 ºC 50 ºC

IEU -30 ºC 12 ºC 47 ºC 60 ºC -30 ºC 5 ºC 50 ºC 60 ºC

BATTERY 10 ºC 11 ºC 26 ºC 30 ºC 10 ºC 11 ºC 26 ºC 30 ºC

CCB -10 ºC -10 ºC 24 ºC 45 ºC -45 ºC -23 ºC 26 ºC 45 ºC

RW 01 -25 ºC -10 ºC 26 ºC 55 ºC -25 ºC -19 ºC 29 ºC 55 ºC

RW 02 -20 ºC -6 ºC 27 ºC 50 ºC -20 ºC -13 ºC 33 ºC 50 ºC

RW 03 -20 ºC 2 ºC 38 ºC 50 ºC -20 ºC -11 ºC 42 ºC 50 ºC

RW 04 -20 ºC -3 ºC 33 ºC 50 ºC -20 ºC -19 ºC 33 ºC 50 ºC

TPL -30 ºC -16 ºC 25 ºC 55 ºC -30 ºC -29 ºC 26 ºC 55 ºC

MSBT 01 -20 ºC -12 ºC 37 ºC 50 ºC -20 ºC -17 ºC 38 ºC 50 ºC

MSBT 02 -20 ºC -12 ºC 26 ºC 50 ºC -20 ºC -18 ºC 26 ºC 50 ºC

VBS DPU -30 ºC -7 ºC 28 ºC 60 ºC -50 ºC -15 ºC 29 ºC 60 ºC

STR DPU -30 ºC 0 ºC 34 ºC 60 ºC -30 ºC -10 ºC 36 ºC 60 ºC

GPSE 01 -20 ºC 0 ºC 37 ºC 50 ºC -20 ºC -10 ºC 36 ºC 50 ºC

GPSE 02 -30 ºC 0 ºC 34 ºC 60 ºC -30 ºC -10 ºC 34 ºC 60 ºC

ISLE 01 -20 ºC 11 ºC 49 ºC 50 ºC -30 ºC -18 ºC 50 ºC 50 ºC

ISLE 02 -30 ºC 2 ºC 39 ºC 60 ºC -30 ºC -17 ºC 40 ºC 60 ºC

COB -10 ºC 16 ºC 47 ºC 50 ºC -10 ºC 7 ºC 47 ºC 50 ºC

CEB -45 ºC -15 ºC 34 ºC 45 ºC -45 ºC -28 ºC 36 ºC 45 ºC

ARS -30 ºC 1 ºC 37 ºC 60 ºC -30 ºC -13 ºC 38 ºC 60 ºC

Tank 10 ºC 12 ºC 27 ºC 50 ºC 10 ºC 12 ºC 27 ºC 50 ºC

S-band Antenna PX -85 ºC -74 ºC -7 ºC 90 ºC -85 ºC -81 ºC -9 ºC 90 ºC

S-band Antenna MX -85 ºC -57 ºC 27 ºC 90 ºC -85 ºC -78 ºC 28 ºC 90 ºC

ISL Antenna PX 01 -50 ºC -33 ºC 28 ºC 95 ºC -50 ºC -38 ºC 27 ºC 95 ºC

ISL Antenna PX 02 -50 ºC -31 ºC 31 ºC 95 ºC -50 ºC -36 ºC 30 ºC 95 ºC

ISL Antenna MX 01 -50 ºC -10 ºC 71 ºC 95 ºC -50 ºC -35 ºC 71 ºC 95 ºC

ISL Antenna MX 02 -50 ºC -11 ºC 71 ºC 95 ºC -50 ºC -34 ºC 71 ºC 95 ºC

GPS Antenna PX -130 ºC -82 ºC 14 ºC 140 ºC -130 ºC -85 ºC 18 ºC 140 ºC

GPS Antenna MX -130 ºC -24 ºC 88 ºC 140 ºC -130 ºC -86 ºC 88 ºC 140 ºC

Solar Array -178 ºC -70 ºC 116 ºC 155 ºC -178 ºC -175 ºC 116 ºC 155 ºC

MIRES AMU -25 ºC -1 ºC 56 ºC 55 ºC -100 ºC -21 ºC 58 ºC 55 ºC

CCRR -60 ºC 17 ºC 25 ºC 25 ºC -60 ºC -31 ºC 25 ºC 35 ºC

Unit

Operational Non-operational

Min 

Design
Min Max

Max 

Design

Min 

Design
Min Max

Max 

Design

ADPMS -10 ºC 12 ºC 41 ºC 50 ºC -10 ºC -4 ºC 40 ºC 50 ºC

IEU -20 ºC 10 ºC 46 ºC 50 ºC -20 ºC 2 ºC 46 ºC 50 ºC

BATTERY 10 ºC 11 ºC 30 ºC 30 ºC 10 ºC 11 ºC 29 ºC 30 ºC

VBS DPU -30 ºC -3 ºC 45 ºC 60 ºC -50 ºC -23 ºC 44 ºC 60 ºC

STR DPU -30 ºC 4 ºC 43 ºC 60 ºC -30 ºC -18 ºC 42 ºC 60 ºC

RW 01 -25 ºC -3 ºC 37 ºC 55 ºC -25 ºC -17 ºC 36 ºC 55 ºC

RW 02 -25 ºC 2 ºC 38 ºC 55 ºC -25 ºC -16 ºC 37 ºC 55 ºC

RW 03 -25 ºC -2 ºC 35 ºC 55 ºC -25 ºC -19 ºC 34 ºC 55 ºC

RW 04 -25 ºC 0 ºC 38 ºC 55 ºC -25 ºC -17 ºC 37 ºC 55 ºC

FLLS LCEU 3 ºC 5 ºC 28 ºC 28 ºC -30 ºC -29 ºC 26 ºC 28 ºC

MSBT 01 -20 ºC 0 ºC 48 ºC 50 ºC -20 ºC -9 ºC 47 ºC 50 ºC

MSBT 02 -20 ºC -2 ºC 39 ºC 50 ºC -20 ºC -10 ºC 38 ºC 50 ºC

GPSE 01 -20 ºC -2 ºC 43 ºC 50 ºC -20 ºC -18 ºC 43 ºC 50 ºC

GPSE 02 -30 ºC -1 ºC 38 ºC 60 ºC -30 ºC -18 ºC 38 ºC 60 ºC

ISLE 01 -20 ºC 3 ºC 43 ºC 50 ºC -30 ºC -10 ºC 42 ºC 50 ºC

ISLE 02 -30 ºC -2 ºC 39 ºC 60 ºC -30 ºC -10 ºC 37 ºC 60 ºC

MPR A -30 ºC 27 ºC 45 ºC 50 ºC -30 ºC 27 ºC 45 ºC 50 ºC

MPR B -30 ºC 5 ºC 37 ºC 50 ºC -30 ºC -8 ºC 36 ºC 50 ºC

Tank 14 ºC 14 ºC 34 ºC 50 ºC 14 ºC 14 ºC 34 ºC 50 ºC

FLLS OHU -55 ºC 12 ºC 30 ºC 125 ºC -55 ºC -3 ºC 30 ºC 125 ºC

NAC 01 -100 ºC -74 ºC -27 ºC 75 ºC -100 ºC -84 ºC -28 ºC 75 ºC

NAC 02 -100 ºC -74 ºC -27 ºC 75 ºC -100 ºC -84 ºC -28 ºC 75 ºC

OPSE 01 -30 ºC -16 ºC 35 ºC 40 ºC -40 ºC -32 ºC 33 ºC 40 ºC

OPSE 02 -30 ºC -18 ºC 34 ºC 40 ºC -40 ºC -35 ºC 33 ºC 40 ºC

OPSE 03 -30 ºC -16 ºC 33 ºC 40 ºC -40 ºC -35 ºC 31 ºC 40 ºC

WAC 01 -100 ºC -45 ºC 7 ºC 10 ºC -100 ºC -58 ºC 6 ºC 10 ºC

WAC 02 -100 ºC -45 ºC 7 ºC 80 ºC -100 ºC -58 ºC 6 ºC 80 ºC

ISM 01 -100 ºC -44 ºC 9 ºC 10 ºC -100 ºC -57 ºC 8 ºC 10 ºC

ISM 02 -100 ºC -44 ºC 9 ºC 80 ºC -100 ºC -57 ºC 8 ºC 80 ºC

DARA -30 ºC 15 ºC 54 ºC 60 ºC -40 ºC -34 ºC 52 ºC 60 ºC

Solar Array -178 ºC -77 ºC 135 ºC 155 ºC -178 ºC -171 ºC 134 ºC 155 ºC

S-band Antenna PX -85 ºC -56 ºC 25 ºC 90 ºC -85 ºC -65 ºC 24 ºC 90 ºC

S-band Antenna MX -85 ºC -33 ºC 31 ºC 90 ºC -85 ºC -68 ºC 30 ºC 90 ºC

ISL Antenna PX 01 -50 ºC -25 ºC 44 ºC 95 ºC -50 ºC -35 ºC 44 ºC 95 ºC

ISL Antenna PX 02 -50 ºC -27 ºC 43 ºC 95 ºC -50 ºC -37 ºC 43 ºC 95 ºC

ISL Antenna MX 01 -50 ºC -9 ºC 75 ºC 95 ºC -50 ºC -42 ºC 75 ºC 95 ºC

ISL Antenna MX 02 -50 ºC -10 ºC 73 ºC 95 ºC -50 ºC -47 ºC 72 ºC 95 ºC

GPS Antenna PX -140 ºC -82 ºC 30 ºC 140 ºC -140 ºC -88 ºC 28 ºC 140 ºC

GPS Antenna MX -140 ºC -35 ºC 63 ºC 140 ºC -140 ºC -92 ºC 63 ºC 140 ºC

Unit

Operational Non-operational
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VII. Conclusion 

The overview of both PROBA-3 satellites and thermal architecture has been presented in this paper. The final 

configuration is the outcome of a complex activity in which the main criticalities have been solved without 

involving major modifications in the key systems re-used from former PROBA missions. The challenge for 

PROBA-3 systems design has been to balance the mission needs with the maximum re-use of existing elements and 

design solutions. 

The thermal analysis confirmed that the design is suitable for PROBA-3 mission needs. Temperatures and power 

consumptions have been calculated for the different operational, non-operational and failure scenarios, proving that 

the units remain within the design limits and the power limitations are not exceeded. The temperature excursions 

have been calculated for the sensitive equipment in operational scenarios, showing compliance with the required 

temperature stability constraints. Finally, an extensive thermo-elastic analysis has been performed to validate the 

performance of the optical systems. 

The thermal control sub-system performances will be verified by a thermal balance test in the Proto-Flight 

Models (PFM) of each spacecraft. 
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Figure 11. CSC hot coronagraphy 
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Figure 12. CSC cold coronagraphy 
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Figure 13. CSC long eclipse power. 
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Figure 14. OSC hot coronagraphy 
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Figure 15. OSC cold coronagraphy 
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Figure 16. OSC long eclipse power. 
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