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Based on current technological advancements and forecasts, nanosatellites will be used for both scientific and 

defense applications leveraging advantages on both development cost and development lifecycle. As 

nanosatellites become more capable, there is an increase in demand for high power applications which makes 

the missions complex from implementing a proper thermal control system (TCS) to dissipate the huge waste 

heat generated. One of the applications for nanosatellites is advanced infrared imaging for both scientific and 

military applications. ARCADE (Atmospheric coupling and Dynamics Explorer), a 27U satellite is being 

developed by Satellite Research Centre (SaRC) at Nanyang Technological University (NTU) for scientific 

objectives. The main payload AtmoLITE needs a detector cool down at -30°C and to meet this requirement, an 

appropriate classical TCS is chosen and described in this paper. Nanosatellites carrying infrared, cryogenic or 

other scientific instruments that need active cooling, should be equipped with a proper TCS within the highly 

constrained available volume. Another objective of this study is to compare the existing TCS for nanosatellites 

and adopt a suitable and efficient TCS for a scientific nanosatellite mission carrying a generic science 

instrument that needs an active cooling of up to 95K. TCS using Heat pipes (HP), single-phase mechanically 

pumped fluid loop (SMPFL), and two-phase mechanically pumped fluid loop systems (2ΦMPFL) have been 

extensively used only by larger satellites. But the researches on its potential application on 

nanosatellites are ongoing. For this purpose, few thermal control techniques will be reviewed in detail for two 

satellite configurations 6U and 27U. 

Nomenclature 

ARCADE   = Atmospheric coupling and Dynamics Explorer  

AtmoLITE = Atmospheric Limb Interferometer for Temperature Exploration 

CCU    = Cryocooler  Compressor Unit  

DWTS    = Doppler Wind and Temperature Sounder 

FEE    = Frontend electronics 

GEO    = Geostationary Earth Orbit   

HX    = Heat Exchanger 

LEO    = Low Earth Orbit 

MLT    = Mesosphere-Lower Thermosphere 

MPFL    = Mechanically Pumped Fluid Loop 

NTU   = Nanyang Technological University 

PCB    = Printed Circuit Board  

PSLV    = Polar Satellite Launch Vehicle 

PXE    = Proximity electronics   

SaRC   = Satellite Research Center 

SABER  = Sounding of the Atmosphere in Broadband Emission Radiometry 
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SMPFL  = Single Phase Mechanically Fluid Loop 

TCS    = Thermal Control System  

TRL       = Technology Readiness Level  

VLEO    = Very Low Earth Orbit  

2MPFL  = Two-Phase Mechanically Pumped Fluid Loop 

I. Introduction 

Small satellites, often refer to an artificial satellite with a wet mass range from 100 kg to 500 kg, have made its 

debut in almost all the space sectors starting from education to space exploration due to its advantages over 

conventional satellites and its Inexpensive, easy, and fast access to space1. Microsatellite and nanosatellite are two 

different classes of satellites whose wet mass ranges from 10 to 100 kg and 1 to 10 kg respectively. Due to continuous 

technological advancements, satellites undergo significant changes in their form factor and payload carrying 

capability. Due to its extreme flexibility in form factor, satellites can be easily tailored to fit various sizes of the 

payload for various purposes. Most nanosatellites and microsatellites are largely being designed and built for Low 

Earth Orbit (LEO) based missions such as earth observation, communications, atmospheric science, and other research 

opportunities. Considering the rapid growth of the small satellite industry, going forward in the future, nanosatellites 

will become an important platform for space exploration like Mars Cube One (MarCO). Besides technological 

advancements of nanosatellites, high power large-sized payloads also are getting smaller and compact enough to fit 

within the nanosatellite volume. Such a nanosatellite with high power density extremely increases the complexity in 

satellite thermal management. The satellite thermal control system (TCS) is a well-established subsystem for the 

conventional satellites, but it is still a serious problem when it comes to nanosatellites carrying high power payloads. 

Traditional thermal management solutions are not sufficient to handle these heat loads2. For any high power 

nanosatellite, an efficient TCS has to be developed and it must be able to maintain all the subsystems within its desired 

operating temperature range. This paper aims to study and compare a few TCS for high power satellite applications. 

To support this study, two satellite configurations such as 6U and 27U form factors are considered. Atmospheric 

coupling and Dynamics Explorer (ARCADE) is a 27U satellite mission currently being developed by Satellite 

Research Centre (SaRC) at Nanyang Technological University (NTU), Singapore to explore the Earth’s Mesosphere-

Lower-Thermosphere (MLT) and ground imaging from a Very Low Earth Orbit (VLEO). The main payload in 

ARCADE is AtmoLITE (Atmospheric Limb Interferometer for Temperature Exploration), a near Infrared imager to 

explore Earth’s MLT for 6 months and followed by the VLEO mission at 200 km to 300 km for in-situ Ionosphere 

plasma measurements. AtmoLITE is a thermally sensitive payload and its CMOS detector needs to be maintained 

within the range of  0oC to -30oC at all the time as it takes measurement both during daytime and nighttime. ARCADE 

is scheduled for launch in quarter two 2022 from Polar Satellite Launch Vehicle (PSLV), India. To provide the 

required detector temperature, a passive thermal control solution is planned and studied in detail.  

Also, the thermal control method for a generic 6U satellite carrying high-power science payload which needs to 

be maintained in the cryogenic temperature range is studied. Some science instruments that require cryogenic cooling 

in the range of 90K to 110K within a nanosatellite form factor are Doppler Wind Temperature Sounder3 (DWTS), 

Sounding of the Atmosphere in Broadband Emission Radiometry4 (SABER). Instruments such as DWTS which 

require high radiometric sensitivity should be equipped with a cryogenic thermal control and management4. To 

compare a few existing TCS to solve the thermal challenges, this study considers one such an instrument as a reference. 

II. Thermal control techniques for nanosatellites – A review 

Thermal control techniques for large conventional satellites are well-established. Some of the existing thermal 

control techniques are still under experimental study for nanosatellite applications. Numerous nanosatellite missions 

have successfully adopted active TCS but due to the growing need for the payloads and its requirements, the existing 

techniques have to be redefined in such a way that the stringent thermal requirements imposed by the payloads can be 

met. Some of the TCS are explained here for its effective implementation on nanosatellites. 

A. Thermal straps 

Thermal straps are the flexible heat transfer materials made up of a variety of materials such as aluminum, copper, or 

graphite sheets. Unlike heat pipes and other active thermal control techniques, thermal straps also provide mechanical 

decoupling which reduces micro-vibrations to the system during shock, vibration, pump operation, and other thermal 

expansion and contraction processes. Braided copper, aluminum and graphite thermal straps create more flexible 

thermal links between the heat sink and the source1. Thermal straps have flight heritage with missions such as 
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Geostationary Operational Environmental Satellites (GOES-R) by Lockheed Martin, NASA’s Deep Space Atomic 

Clock (DSAC), and Gravity Recovery and Climate Experiment Follow-On (GRACE-FO). Thermal conductivity of 

different thermal straps is compared and shown in Table 1. 

 

Table 1. Thermal Conductivity of thermal straps 

Material Name Thermal Conductivity, k, W/m.K 

Graphene ~3500 

Pyrolytic Graphene ~1500 

Graphite Fiber ~800 

Copper ~450 

Aluminium ~225 

 
Figure 1.  Thermal Straps [Source: Thermal-Space.com] 

   
 

𝐶 =
𝑄𝑠𝑡𝑟𝑎𝑝

∆𝑇
 

(1) 

 

The thermal conductivity of the thermal straps can be easily calculated by the applied heat and the temperature 

difference between the heat sink and source using Eq (1). Copper is generally used as thermal strap material for 

spacecraft thermal control applications as it has a relatively high thermal conductivity of 450 W/ (m.K). 

B. Heat pipes 

Heat pipe is a two-phase passive device widely used for thermal management solutions in space applications 

because of its high thermal conductance. Heat pipes with a smaller cross-section can transfer large amounts of waste 

heat over a large distance. Conductance and resistance of heat pipes are largely independent of its length. By definition, 

heat pipes can be segmented into three parts. Heat pipes at the evaporator area absorb the waste heat from the 

dissipating elements and change to the vapor phase. Since vapor can travel a long distance with a small pressure 

gradient without introducing any external pump mechanism to drive the fluid.  Working fluid carries the waste heat 

to the condenser area where the vapor changes its phase to liquid and this process continues as long as the pressure 

difference exists as illustrated in Figure 2.  

 

 
Figure 2.  Left: Heat Pipes working principle [Source: Wikipedia]. Right: Figure of merit of different heat pipe 

fluids [Source: Advanced Cooling Technologies, Inc] 
 

Application of the heat pipes in small satellites is successful due to its simplicity, low mass, and higher thermal 

conductivity than copper rods. Flexible heat pipes have been demonstrated in LEO but still, it has low Technology 

Readiness Level (TRL). One of the heat pipe types used in MIOSat is an innovative flexible and inflatable type of 
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heat pipes for a deployable radiator panel5. This study is carried out for a body-mounted single active face aluminum 

radiator which is mounted on one of the satellite sides where it does not face the sun.  

Heat pipe design for a satellite is governed by a few limitations that determine the heat transport capacity. The 

limitations are the function of diameter, length, the orientation of the pipe, fluid properties, and wick structure. 

Capillary and boiling limit of the heat pipe are the important limitations in heat pipe design. Low capillary pressure 

leads to liquid dry out and it causes insufficient fluid in the heat pipes to circulate between the evaporator and 

condenser. Heat pipe liquid may even dry out due to the boiling of the liquid at the wick structure when excessive 

radial heat flux is applied. To determine the minimum flow area of the heat pipe, the maximum capillary pressure loss 

(∆𝑃𝑐) should be equated to the sum of the liquid (∆𝑃𝑙) and gravitational (∆𝑃𝑔) pressure losses. 

 

 ∆𝑃𝑐 = ∆𝑃𝑙 + ∆𝑃𝑔 (2) 

 

Since the pressure loss due to gravity is negligible in space, the term ΔPg is ignored. So the capillary pressure loss is 

solely due to the pressure loss due to the liquid. As can be seen from Figure 2, water shows the best performance and 

it’s the most affordable solution. All the calculations provided here are with respect to the water heat pipe. The 

maximum heat transport capacity of the water heat pipe can be calculated using Eq (3). 

 

 
𝑄𝑚𝑎𝑥 =  ∆𝑃𝑐

𝜌𝑙𝐿ℎ𝐴𝑤𝑖𝑐𝑘𝐾

𝜇𝑙𝑒𝑓𝑓

 
(3) 

Where, 𝜌𝑙 = Density of the liquid, 𝐿ℎ = Latent heat of the liquid, 𝐴𝑤𝑖𝑐𝑘 = Cross-sectional area of the wick structure, 

𝜇 = liquid viscosity, Permeability K is defined by Blake-Koseny equation, 

 
𝐾 = 𝑑𝑤

2
(1 − 𝜖)3

66.6 𝜖2
 

(4) 

Where ε – volume fraction of the solid phase (assume, ε=0.31), dw is the wire diameter (assume, dw=0.025mm). 

 

Effective length leff of the heat pipe6 is defined as, 

 

 
𝑙𝑒𝑓𝑓 =

1

2
𝑙𝑒𝑣𝑎𝑝 + 𝑙𝑎𝑑𝑖𝑎𝑏𝑎𝑡𝑖𝑐 +

1

2
𝑙𝑐𝑜𝑛𝑑 

(5) 

Where, 𝑙𝑒𝑣𝑎𝑝 is the length of the evaporator section, 𝑙𝑎𝑑𝑖𝑎𝑏𝑎𝑡𝑖𝑐  is the length of the adiabatic section, 𝑙𝑐𝑜𝑛𝑑  is the 

length of the condenser section. There are many ways to attach the heat pipe on the structural panel and one of the 

efficient ways is to embed them directly on to the intended radiator panel. To embed the heat pipe into an aluminum 

plate, a provision such as deep polished grooves and cutouts are made on the radiator panels for heat pipe emoediment7. 

Embedded heat pipes typically increase the effective thermal conductivity by several factors7. 

C. Radiators 

Radiator design has a direct influence on spacecraft configuration and structural design because of the large surface 

area required to reject waste heat into space8. Double active surface radiators are designed such that the radiator 

radiates from both of its active sides. The deployable radiator needs a deployable mechanism to deploy it into deep 

space where the effect of environment fluxes are less comparatively. Single active radiators are designed as an integral 

part of the spacecraft’s structural panel where it does not require any deployment mechanism.  

 

For a given amount of waste heat load and spacecraft orientation with respect to the sun, the required radiator area 

needs to be calculated. The sizing of the radiator depends on the solar flux, planet albedo, planet IR flux, internal heat 

dissipation, thickness, and material of the radiator panel. Radiators reject heat only by IR radiation and it is strongly 

dependent on the temperature. At LEO, a spacecraft’s thermal equilibrium condition is given by Eq (6), 

 𝑄𝐼𝑛𝑡𝑒𝑟𝑛𝑎𝑙 + 𝑄𝑆𝑜𝑙𝑎𝑟 + 𝑄𝐴𝑙𝑏𝑒𝑑𝑜 + 𝑄𝐼𝑅 =  𝐴𝑟𝑎𝑑𝜀𝜎𝐹(𝑇𝑟𝑎𝑑
4 − 𝑇𝑠

4) (6) 

 

Where, Arad - Radiator surface area, ε -  emissivity of the radiator surface, σ - Stephen Boltzmann constant, F - view 

factor and it will normally be close to unity and it can be lower if the respective surface is partially occulted with other 

spacecraft compoenents9, Trad - Temperature of the radiator surface and Ts - deep space temperature (assumed 0K). 

The radiator area is calculated using Eq (7). 
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𝐴𝑟𝑎𝑑 =

𝑄𝐼𝑛𝑡𝑒𝑟𝑛𝑎𝑙

𝜖𝜎𝐹𝑣𝑇𝑟𝑎𝑑
4 − 𝛼. 𝑆. 𝑆𝑖𝑛𝛽

 
(7) 

 

Where α is absorptivity of the radiator surface, S is the incident solar flux on the radiator panel and β is the beta angle. 

By knowing Qinternal and other environmental heat loads, radiator area can be calculated using Eq (7) assuming that the 

view factor is 1 for preliminary calculations. If the radiator sizing study is carried out for GEO satellites, QAlbedo and 

QIR are ignored as the effect of the planet’s albedo and IR is extremely less.  

III. Radiator design for 6U satellite configuration 

Deployable and body-mounted radiator configurations are considered for a 6U satellite. Body-mounted radiators 

(BMR) for small satellites provide limited cooling since their size is restricted by the size of the satellite2. The 

aluminum structural panel underneath the BMR panel houses all the heat-dissipating elements internally. BMR in 

contact with the aluminum panel is coated with high emissivity thermal paint, Silver Teflon to radiate the waste heat 

to space. Thermo-optical properties of silver Teflon is given in Table 4. An environmental load study for a typical 6U 

satellite radiator panel is carried out and the total absorbed heat load onto the body-mounted panel is around 20 to 60 

W/m2 depending on the orientation of the radiator. Figure 3 indicates the radiating power of the radiator panel for the 

surface area of 0.09 m2 and it is noted that a single active face radiator can easily radiate 30W of power at 15oC. 

 

  
Figure 3.  Heat rejection capacity of a typical single active face radiator 

 

For any given thermal load, Size of the radiator area is calculated for the worst hot condition as this case has the 

highest thermal requirement11. 

IV. Radiator design for 27U satellite configuration – ARCADE mission 

 ARCADE will be launched by the PSLV rocket at 535 km x 435 km equatorial, nearly circular orbit with 5o orbit 

inclination. To perform VLEO operation, ARCADE carries a Hall Effect thruster for orbit maintenance and the 

thruster provides 0.6mN at 75W of power during its operation.  

 ARCADE has stowed dimensions of 310 mm x 300 mm x 300 mm and it provides sufficient surface area on all 

sides for placing a radiator panel. Thus, considering the amount of heat to be transported to deep space, the passive 

thermal control system is proposed for ARCADE to meet the thermal requirement of the AtmoLITE payload. 

AtmoLITE has a thermally controlled image sensor that has an extremely low readout noise of 1.6 e-, so to minimize 

the thermal noise and increase the signal to noise ratio11 at the detector level, the detector needs to be maintained 

between -30oC to 0oC. AtmoLITE’s components need to be maintained at a certain temperature range as shown in 

Figure 4. To maintain the instrument’s temperature within the given range, a body-mounted copper radiator of 2 mm 

thickness facing the deep space is used. Silver Teflon coating is considered for the radiator on all of its sides. The 

radiator is connected directly to the detector unit of the payload through a copper cold finger of 150g to minimize the 

conduction loss.  The radiator panel is attached to the cold finger with four M3 fasteners and the effective contact area 

is 30 mm x 30 mm to increase the heat transfer between them. Waste heat generated by the AtmoLITE’s electronics 

is dumped into its aluminum casing which is then bolted to the satellite structure to make a path for heat flow. 

AtmoLITE measures daytime temperatures between 80-140 km and nighttime measurements between 85 – 100 km in 

the troposphere and middle atmosphere. So its optics need to be kept in such a way that the line of sight is 110km 

above earth surface12 and hence the satellite will have varying pointing requirements for every orbit to perform the 
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intended mission. This imposes varying thermal load onto the body-mounted radiator panel. For the radiator size 

calculation, the maximum incident heat flux on the radiator panel is considered. 

 

 
Figure 4.  Left: ARCADE Exploded view showing internal components. Right: Temperature requirement of the 

payload components 

 Power consumption of the scientific Complementary Metal-Oxide-Semiconductor (CMOS) image sensor on the 

detector assembly is measured to be around 2W during its operation and the backend electronics such as Proximity 

electronics (PXE) and Frontend electronics (FEE) consumes 8W of power during operation. Exploded view of 

ARCADE satellite is shown in Figure 4 The body-mounted radiator is entirely isolated from the satellite structure and 

kept right under the solar panel to avoid incoming solar flux. The radiator is directly mounted onto AtmoLITE’s casing 

and isolated from the satellite structure to avoid unnecessary conduction from the satellite structure. Figure 5 illustrates 

the relationship between heat dissipation, radiator area, and radiating temperature.  

 
Figure 5.  Heat dissipation with respect to the radiator surface area and temperature 

 

 For an equatorial orbit altitude of 535km with 5o of orbit inclination, total absorbed environmental heat fluxes are 

extracted from THERMICA orbital simulator and used to size the radiator using Eq (7). The radiator is assumed to be 

at a constant temperature of -50oC to calculate its required area and the calculation summary is given in Table 2. 

Orbital parameters for the worst cases are given in Table 5. 

 

Table 2. Radiator parameters at worst hot condition 
Radiator Parameters Values used Unit 

 QInternal  3 Watt 

QExternal, Total absorbed  40 W/m2 

Surface emissivity 0.85   

Radiator temperature 223 Kelvin 

Required Area 0.038 m2 

 

Based on the obtained radiator area from Table 2 temperature of the radiator at worst cold condition is calculated. 

Radiation heat flux from the internal and surrounding components is ignored and the radiator’s view factor with respect 
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to space is assumed to be 1 in this calculation. There is no other heat load going to the radiator since all the other 

satellite’s electronics are decoupled from the body-mount radiator and AtmoLITE. 

A. Passive thermal control method for ARCADE mission 

 

ARCADE has three deployable solar panels and a body-mounted solar panel with 21 solar cells each to meet the 

power requirement imposed by the payloads and subsystems. Besides AtmoLITE, the satellite carries CIP, a plasma 

sensor to measure and analyze ion densities, temperature, and electron temperature in the Ionosphere, and also the 

satellite carries an RGB imager for earth observation.  The structure is manufactured of AL 6061 and its default surface 

thermo-optical properties given in Table 4 are used for the calculation. Figure 6 shows the thermal model of the 

internal elements of ARCADE and its thermal connection with adjacent components. As seen from Figure 6, 

AtmoLITE’s radiator is directly connected to its aluminum casing and it is completely decoupled from the satellite. 

Body mounted radiator of the required size was modeled along with a copper cold finger connected to the CMOS 

detector. The thruster is placed in +Z direction while the CIP is kept in –Z direction which is the ram face of the 

satellite. All the payloads have been placed in the satellite according to its mission requirement and it leads to having 

the body-mounted radiator panel in –X direction of the satellite which will not have much exposure to the 

environmental loads. The power dissipation of the electronics is listed in Table 3. The duty ratio of the AtmoLITE 

payload is 1. CIP will take measurement only during night time and the CIP electronics will be turned off during day 

time. To avoid localized heating at the CIP during its operation, an aluminum heat sink is used to dump the waste heat 

to the satellite structure. 

 

Table 3. ARCADE Electronics power dissipation and duty cycle 

Material Name Nominal, W Peak, W Duty Cycling, % 

AtmoLITE Detector 2.0 2.0 100 

AtmoLITE Electronics 8.0 14.0 100 

Thruster 0 0 NA 

CIP 3.5 4.8 37 

XACT 4.32 8.44 100 

CDH 2 2 100 

EPS 4 4 100 

RGB Imager 1.4 2.7 10 

X Band 12 12 10 

 
Figure 6.  Left: ARCADE thermal model. Right: AtmoLITE CAD model 

 

Table 4 shows the orbital and thermo-physical properties used in thermal analysis.  

 

Table 4. Material properties used 

Components Materials Coating Absorptivity Emissivity 

Solar panel FR4 FR4 Default 0.6 0.7 

Structure Al6061 Bare Al default 0.031 0.039 

AtmoLITE casing Al6061 Bare Al default 0.031 0.039 

Radiator Copper Silver Teflon 0.2 0.85 
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Cold Finger Copper Bare Cu 0.4 0.05 

Thruster Al6061 White paint 0.27 0.88 

XACT  Al6061 Clear Anodize 0.32 0.8 

 

Two worst cases that the satellite will undergo during its mission have been identified and simulated. Worst case 

orbital parameters given in Table 5 are used for all the simulations in the following sections. For each case, 16-orbit 

transient analysis was run to determine the maximum and minimum temperature of the components of interest. 

Table 5. Worst case orbital parameters 

Parameters Worst Hot Case Worst Cold case 

Orbit Altitude, km 535 535 

Inclination, Deg 5 5 

Beta angle, Deg 28 0 

Solar Flux, W/m2 1414 1322 

Infrared Flux, W/m2 260 235 

Albedo constant 0.3 0.2 

 

Thermal simulation results show that the body-mounted radiator panel provides sufficient passive cooling to the 

detector for its noise-free operation and the overall temperature of the system can be maintained at ~30oC while 

providing localized cooling at the detector. Figure 7 shows the worst hot condition temperature plots for a few critical 

components. 

 

 
Figure 7.  Left: Temperature plot of the radiator at worst hot condition. Right: Temperature plot of the copper cold 

finger at worst hot condition 

 

For the given heat load at the worst hot condition of the satellite, simulation results show that the radiator at -44oC can 

provide sufficient cooling to the detector. When compared to the calculated value, the different of -10 DegC is due to 

the extra incident heat and view factor of the radiator with respect to deep space. Since the AtmoLITE structure is 

thermally isolated from the structure, the interface temperature of the payload remains at 27oC. 

 

VI. Thermal modelling and discussion of a 6U satellite  

For the studies carried out in this section, the DWTS instrument is taken as the reference. This instrument needs 95K 

at its detector for better performance and it can only be achieved by external cooling by using cryocooler. Total internal 

heat dissipation of the system including cryocooler and the necessary electronics is calculated to be ≥20W and it needs 

to be taken away to maintain the system interface temperature in the range of 10 oC - 20oC. Thermal control techniques 

using heat pipes and thermal straps are studied for the proposed 6U configuration. To access the baseline temperature 

of the satellite without any TCS, simulations with no radiator and heat pipes were carried out. Simulation results turned 

out to be higher in the range of 80 oC to 90oC for 20W of internal heat dissipation. 

A. 6U with radiator and heat pipes 

 The objective of this study is to analyze whether heat pipes suffice for any 6U satellite with cryogenic payload 

onboard. Based on the calculations carried out in section III and IV, an effort was made to validate the results through 
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thermal simulations. A thermal model with all the electronics, battery pack, miniature cryocooler and, a generic 

science payload was developed and necessary contact conductance was used. It is assumed that this 6U satellite will 

be deployed at 535km, equatorial orbit with 5o orbit inclination. As can be seen from Figure 8, one of the larger 

surfaces of the satellite is used as a cold plate where the heat pipes are attached to and the whole 300mm x 300mm 

satellite panel of 1050g act as a heat spreader. An instrument whose detector must be kept around 95K is taken as a 

reference instrument for this study. To provide cryogenic cooling, Ricor K508N, a miniature stirling cryocooler of 

475g mass13 is considered as its performance remain good with less compressor input power consumption while 

providing active cooling of 95 K. Ricor K508N comes with an inbuilt compressor unit and it consumes a maximum 

of 20W during its operation. Cryocooler and other heat-dissipating elements are mounted onto a HX plate and then it 

is attached to the satellite structure. This study assumes that a flexible thermal strap is used to connect the cryocooler 

cold head to the detector. To dissipate all the waste heat from the HX plate, two different radiator configurations are 

discussed here. (i) Initially, a 6U satellite platform with its 300 mm x 300 mm side as the body mount radiator is 

analyzed. Water-copper heat pipes are firmly attached to HX and radiator. From the calculation, it was found that the 

heat pipe with 300 mm long, can carry up to ~5W of power. Hence, four heat pipes are used and each has a condenser 

length of 60mm and an evaporator length of 120mm. The mass of the satellite’s structural panel with embedded heat 

pipes is 860g. The temperature summary of the body-mounted radiator with embedded heat pipes is shown in Figure 

8.  

 

  
Figure 8.  Left: A typical 6U satellite with body mounted heat pipes. Right: Simulation results showing the 

temperature variation of the structural panel embedded with the heat pipes at worst hot condition 

 

Simulation results show that the body-mounted radiator panel with four heat pipes is not able to provide sufficient 

thermal performance as the temperature of the CCU exceeds its maximum operating temperature of 85oC. An 

alternative thermal solution is needed for a 6U satellite with a micro cryocooler onboard. 

 

(ii) For the same setup and payload configuration, a deployable aluminum radiator of 2.5mm thick with embedded 

heat pipes was analyzed. Even though the flexible heat pipe increases the design and integration complexity, it can 

still be done using flexible metallic bellows14. A Study carried out on bendable heat pipes has shown that the axial 

temperature drop increased, as the bend angle was increased15. Figure 9 shows the temperature profiles of the 

deployable radiator with embedded heat pipes, CCU, and HX. The surface area of the deployable radiator panel kept 

being 200mm x 270mm with 620g of mass including heat pipes. The maximum operational range of CCU is from -

40 oC to +85 oC and the temperature profile of CCU shows Δ35 oC of margin from its maximum limit. Even though 

the temperature of CCU is within its operational limit, the overall system interface temperature remains high at ~43 

oC which is still high for other components. When compared to the body-mounted radiator panel, deployable radiator 

panel radiates 48% more. 
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Figure 9.  Left: A typical 6U satellite with deployable radiator with heat pipes. Right: Simulation results showing 

the temperature variation of the deployable radiator at worst hot condition 

 

For 27U configuration, since all the sides are almost of the same dimension, any face that receives less incident heat 

flux will be used as a radiator side. 6U body-mounted radiator results show that the heat transport capacity and the 

performance of the TCS is not sufficient when compared to the deployable radiator. Hence for the generic 27U 

satellite, analysis for the body-mounted radiator is not carried out. Figure 9 shows the heat transport performance of 

the deployable radiator for a 6U satellite. The radiator reaches the minimum temperature of 22oC while maintaining 

the CCU at ~50oC and HX at 43oC. It can be concluded that the deployable radiator with the embedded heat pipes is 

not able to transport the waste heat and maintain the system within the range.  

With the same thermal load and payload configuration, it can be said that a 27U satellite platform with a deployable 

radiator will yield almost the same result as 6U deployable radiator. 

B. 6U with radiator connected with flexible thermal straps 

 

 In this case, a flexible copper thermal strap of 0.1m long, ~200g, 36 number of copper ropes, and 3mm thick is 

thermally coupled to the HX and the deployable radiator panel. The thermal strap is mechanically-pressed to both 

radiator and HX plate with two M3 fasteners on the strap ends. With higher applied joint pressure on thermal strap’s 

ends, thermal coupling between the radiator and HX plate is made due to large surface area attachment. Both HX and 

radiator panels are manufactured of aluminum which has a relatively higher thermal conductivity. Since the thermal 

strap is coupled to the HX plate, it is assumed that the thermal strap to be isothermal with HX temperature. Thermal 

contact conductance of 0.25 W/C is used16. The radiator panel is isolated from the structure so that no parasitic heat 

loads flow into the radiator panel. It is also assumed deep space is 0 K and the radiator has a full view factor to space. 

For the same deployable radiator size discussed in IV.A, a thermal simulation with the thermal strap and the radiator 

was carried out. Figure 10 and Figure 11 show the temperature profiles of the CCU, HX, and the radiator panel. HX 

needs to be maintained between 10oC to 20oC and the simulation shows that the HX exceeds its operational limit with 

thermal straps.  

 
Figure 10.  Temperature profile of CCU and HX 

 

 
Figure 11.  Temperature profile of the radiator  

Passive TCS studies carried out for a typical high powered 6U satellite platform using thermal straps and heat pipes 

clearly show that the proposed satellite configuration need to be equipped with an active TCS to keep the interface 

temperature within the desirable range and the passive solutions described here are not efficient for such a satellite. 
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C. Future work 

 

Going forward, this study will be continued by implementing few active TCS such as Loop Heat Pipes (LHPs), 

single-phase mechanically pumped fluid loop (SMPFL) and two-phase mechanically pumped fluid loop systems 

(2MPFL) to keep the system temperature within certain limits while providing accommodation to miniature 

cryocooler, fluid pump, external heaters, and fluid tank with embedded fluid loops on the HX and radiator. A thorough 

study will be carried out on the vibration isolation, selection of micro pump, cryocooler, and fluid which can efficiently 

be used on nanosatellites. 

VII. Conclusion 

A method for calculating an optimum radiator area to dissipate the required amount of waste heat to deep space 

was discussed. And then the method was used to size the body-mounted radiator for ARCADE satellite carrying a 

thermally sensitive detector. The study confirms that the chosen passive thermal control solution can maintain the 

detector within its operational limit of 0 to -30oC. Also, a study carried out on a generic high powered 6U satellite 

with thermal straps and heat pipes to dissipate a huge amount of waste heat generated by micro cryocooler and other 

electronics showed that the passive thermal control solutions are ineffective. It concludes that any 6U satellite with 

cryogenic units onboard will need an active thermal control system for better thermal management. 
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